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SUMMARY

In 2004, President Bush addressed the nation askpied NASA’S new vision
for space exploration. This vision included the ptaetion of the International Space
Station, the retirement of the Space Shuttle, thesldpment of a new crew exploration
vehicle, and the return of humans to the moon B02INASA’s Exploration Systems
Architecture Study (ESAS) produced a transportadoshitecture for returning humans
to the moon affordably and safely. This architeettaquires the development of two new
Shuttle-derived launch vehicles, an in-space trartapon vehicle, a lunar descent and
landing vehicle, and a crew exploration vehicle fouman transportation. The
development of an in-space propellant transfer lwépa could greatly improve the
performance, cost, mission success, and missioansgikility of the overall lunar
architecture, providing a more optimal solution fisture exploration missions. The work
done in this thesis will analyze how this new calggibcould affect the current NASA
lunar architecture, and will outline the value prspion of propellant refueling to NASA.

A value proposition for propellant refueling wile provided to establish why an
architecture that utilizes propellant refuelingoistter equipped to meet the goals of the
Vision for Space Exploration than the current hasgeldesign. The primary goal
addressed in this research is the developmentatiinable and affordable exploration
program. The value proposition will outline varioggueling strategies that can be used
to improve each of the architecture Figures of Mdinese include a decrease in the Life
Cycle Cost of both the lunar and Mars exploratiampaigns, the ability to more than

double the mission payload that can be deliveredhto lunar surface during cargo
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missions, improving the probability of successfutgmpleting each lunar mission,
decreasing the uncertainty, and therefore risk,ee&pced during the development
process, and improving the extensibility of the lexgtion architecture by utilizing a
greater portion of the lunar program for futurevegd mission. The ability to improve
these Figures of Merit provides NASA with a mordéuable architecture because NASA

is able to achieve a greater return on its larg@lmnvestment.



CHAPTER 1

INTRODUCTION

The goal of this thesis is to present a comprekenanalysis of the potential
value of a propellant depot in Low Earth Orbit fature space exploration. The use of
this capability provides a means to mitigate thefggmance concerns with NASA’s
current exploration architecture design (circa 2af)8providing an improvement to near
term and long term architecture payload capabilitys providing a more affordable and
sustainable long term exploration program. Theofeilhg sections will provide the reader
with an understanding of NASA'’s current exploratgoals and how the introduction of

propellant refueling can help achieve these goals.

1.1 MOTIVATION

NASA'’s charter is “To understand and protect oamle planet, To explore the
universe and search for life, To inspire the nesttegation of explorers ...as only NASA
can. [1]” In order to achieve the second goal, NASS spent a large percentage of their
budget in an attempt to develop a reliable andrdéflole space transportation system. To
date, NASA has yet to demonstrate an exploratichi@@cture that meets both of these
goals. The Apollo program had few budget constsawith its $150B budget but failed
to produce a sustainable architecture, and thergnogvas cancelled after the sixth moon
landing. The goal of the current Space Transpora8ystem was to provide reduced

space access cost at greater reliability and safetyeven with its cost over runs, missed



both cost and safety goals by a order of magnitlile.latest exploration architecture for
NASA'’s Vision for Space Exploration will attempt taring together aspects of both
designs: large payload capability, lower cost penrg and higher safety. The current
design utilizes mostly expendable hardware simdahe Apollo architecture in order to
lower the development cost. The design also usilidauttle-derived components that
help to lower the initial development cost and taklvantage of proven and reliable
systems. There is, however, much speculation as&ther this architecture can achieve
the performance goals of future exploration programhile maintaining high reliability
at a sustainable cost. This present analysis itefichat the introduction of Low Earth
Orbit (LEO) propellant refueling can provide a dezapayload capability and a lower
Loss of Mission (LOM) probability. It may also begsible to lower the life cycle cost of
the architecture by utilizing the increase in pagaapability to decrease the required

number of launches to perform a lunar mission.

1.1.1 NASA’'SSHIFT IN DESIGN STRATEGIES

In order to truly understand the challenges th&SN faces with its current
Visions for Space Exploration, one must understaoa the priorities have changed
since the last time NASA devoted itself to an exaion program of this magnitude.
During the Apollo program, NASA's first priority véacompleting the task of landing a
human on the lunar surface before the end of tf&®’'$§9while cost was considered a
secondary factor. During this period NASA had iighlest annual operating budget,
about 175% of its current funding levels [2]. Theell mission success for the Apollo

architecture was predicted to be 0.4043 [3] wHike demonstrated value was 0.857 [4],



not including missions prior to Apollo 11. The ontyssion failures were a malfunction
of the fuel cell on the Service Module (SM) andeaand stage engine failure during the
Apollo 13 mission; the reliability of the remainigchitecture components demonstrated
a 100% reliability during these seven missions. Apello program reached its goal of
landing a human on the lunar surface by the entiefl960’s, but the architecture cost
was not sustainable as the NASA budget fell dracabyi after its peak in 1964. NASA’s
yearly budget profile is provided in Figure 1. Thisdget profile shows that NASA'’s
budget fell to 15 percent of its peak 1960’s levethe years following the first human
lunar landing. The last human lunar landing ocaliakthe end of 1972, [4] and NASA’s
budget has remained less then 1 percent of theféokaral budget ever since. In order to

re-establish NASA’s human space presence beyond bBE@ore reliable and affordable

architecture needs to be developed.
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In the post-Apollo era, NASA’s design goals becamme cost- and reliability-
centric. NASA turned to the airline industry foighmodel, making the assumption that,
if the system was designed to operate like an aircthen it would provide a more
reliable and cost-effective solution. This idea @adirth to the Space Transportation
Systems (STS). This system consists of the Spagtl&Rrbiter, the External Tank, and
two Solid Rocket Boosters (SRB); the External Temthe only aspect of the system that
is not re-usable, though the SRBs are over-hauted each launch, and the Orbiter is
overhauled every six to eight flights. The Spacattis launched vertically and returns
via an un-powered glide. A draw back of the Spauettf: is that it must go through an
extensive series of repairs after each flight daethte extreme conditions that it
experiences during each mission and lack of adeqgpatformance margins. These
inspections and repairs require a large work farog many months to complete. The full
annual operations cost of the Space Shuttle arthemrder of greater than $4B, even
when launched only a few times per year [5]. Thegairs have kept the Space Shuttle
from reaching its initial low cost operating estimaf $8M - $12M per flight. The Space
Shuttle is scheduled to be retired in 2010 afterabmpletion of the International Space
Station (ISS). It will give way to a new expendaldench system which takes design
aspects and lessons learned from both the ApolldcSgprace Shuttle programs to achieve

NASA'’s goal of a long-term sustainable human spag®oration program.

1.1.2 A SUMMARY OF THE EXPLORATION SYSTEMSARCHITECTURE STUDY

In 2004, President George W. Bush announced a ¥eion for Space

Exploration in which he provided NASA with the ga#ldeveloping a new exploration



architecture to replace the current Space Trarsfpamt System. This new architecture
would continue to meet the needs of the Internatiddpace Station in addition to
providing a continuous human presence on the lsmdace and transportation for future
exploration missions

The Space Shuttle will continue operation untile ttompletion of the
International Space Station in 2010, at which titneill be retired from operation. The
new crew exploration vehicle must be operationa2®¥4 in order to continue its support
the needs of the International Space Station.alnitinar surface exploration missions
should begin no later than 2020. This Vision markexlend of the Space Shuttle era and
opened a new chapter in human exploration. The gfotlis new architecture will be to
accomplish a greater range of missions than thdl&\pad Space Shuttle programs while
achieving a higher reliability and remaining withMASA’s planned budget profile,
which may increase only at the rate of inflatiomisTis a difficult problem that will
require the development of a very versatile anttiefit architecture. The development
and implementation of propellant refueling techigods may provide the architecture
with the additional capability that it needs with@usignificant increase in the life cycle
cost.

The Exploration Systems Architecture Study (ESAQ)was conducted in the
summer of 2005 in response to the 2004 announcemeRresident George W. Bush
that NASA would be redirecting its focus to retugnihumans to the moon by 2020. The
study lasted approximately 90 days and establithednitial baseline architecture for
continued detailed studies to meet the needs o¥ibien for Exploration. The goals of

this study were to:



» Assess the top-level Crew Exploration Vehicle (CE&Quirements and plans that
will enable the CEV to provide crew transport te thternational Space Station,
and that will accelerate the development of the GiEd crew launch system to
reduce the gap between Shuttle retirement and @EMIIOperational Capability

(10C).

* Define the top-level requirements and configuraidéor crew and cargo launch

systems to support the lunar and Mars exploratrogrnams.

» Develop a reference exploration architecture contegupport sustained human

and robotic lunar exploration operations.

* Identify key technologies required to enable anghi§icantly enhance these
reference exploration systems, and reprioritizer regad far-term technology

investments.

The Exploration Systems Architecture Study teamlyared a variety of different
launch vehicles and mission elements in an attéongdnsider as many valid architecture
options as possible. The different solutions wevalated based on seven design
reference missions (DRMs) and compared againsteisguation criteria called figures
of merit (FOMs). The DRMs included three ISS crawd/ar cargo missions, three lunar

crew and/or cargo missions, and one Mars crew amgocmission. The five FOMs



included: safety and mission success, affordabilggrformance, extensibility, and
programmatic risk [6]. The first two criteria wecensidered most important in order to
achieve a sustainable architecture while not exygoitie astronauts to unnecessary risk.
The final architecture selection was a “one andgH’ launch vehicle solution
designed with the crew and cargo launching on sgépdaunch vehicles. As shown in the
lunar concept of operations in Figure 2. The missmode selected for the lunar
architecture was to use both a Lunar Orbit Rendezv@.OR) and an Earth Orbit
Rendezvous (EOR). In comparison, the Apollo arclutes required only a LOR because
it was capable of delivering all of the architeetwlements in a single launch. The
additional requirements on the current architec{sueh as 4 crew, 7 day lunar mission,
etc.) make use of a single launch vehicle veryaliff using near-term technologies. The
current baseline architecture requires the devedoprof two new shuttle derived launch
vehicles for delivering crew and cargo to LEO; ttevelopment of a two stage lunar
lander to transfer the crew and cargo from low fwrait to the surface of the moon; and
the development of a re-usable Crew Explorationi®len(CEV) that can provide safe
transportation of the crew. The CEV is also taskét the responsibility of transforming
crew and cargo to the International Space Sta#omore detailed description of the

lunar concept of operations is provided in Chapter
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1.2 PROBLEM STATEMENT

Since humans began exploring space in the 1958sfotindation of almost all
exploration programs has been the use of high ttlwhusmical propulsion systems. The
problem with chemical propulsion systems is thaytimave a relatively low specific
impulse (Isp), and therefore require large amoohtsropellant to generate the required
mission maneuvers resulting in vehicles that areoufD - 90 percent propellant mass. As
an example, the ESAS cargo launch vehicle deli2éf5000 lIbm of propellant to LEO
while delivering less than 80,000 Ibm of inert mésat includes the EDS, LSAM, and
the lunar surface payload [6]. The propellant regments for in-space transportation
dominate the design of the launch vehicle more #ranother aspect of the design and

can significantly limit the design freedom of thelatecture. With an in-space propellant



depot, the payload requirements of the launch \elaie reduced by 70 to 90 percent or
the payload of the in-space transpiration system loa improved by an order of
magnitude. The trade is the cost of the develofhegoropellant depot and delivering the
propellant to LEO versus building a “very largetiheh vehicle or building a smaller
launch vehicle that requires multiple launches. édeping a reliable and cost-effective
means of providing propellant to LEO can help batiuce the cost of the overall lunar

campaign and increase lunar surface and Mars phygk@abilities.

1.2.1 INTRODUCTION OF PROPELLANT RE-FUELING AS A POTENTIAL SOLUTION

The concept of propellant refueling revolves athe idea that the performance
of the architecture can be improved by developingase efficient means of delivering
propellant to LEO. In the architecture’s currentniip the cargo launch vehicle is
responsible for delivering the in-space propellaguired to complete the mission. It is
possible that a lower cost commercial operator cdug tasked with providing this
propellant to LEO and charging NASA based on thewmh of propellant used. With this
capability in place, a number of changes can beemtadhe baseline design that may
provide an improvement to the exploration architest

There are a number of potential benefits that banincorporated into the
architecture elements when propellant refuelinginsoduced into the exploration
architecture. One such improvement is the abibtyeduce the payload requirement on
the launch vehicles that are now being constrainesize because of current vehicle
assembly and launch facilities. There are two teguldesign strategies that can be
employed when the Earth-to-orbit propellant requieats for in-space transportation are

reduced. The first is an increase in the missignoaa that can be delivered to LEO and



to the lunar surface. In this case the mass ofptiepellant is replaced by additional

payload. The second design option is to reducesibe of the launch vehicles while

achieving the same payload capability. A smallanth vehicle would result in a smaller
development and production cost. These improvemamdoth a result of the smaller
total payload requirement. In addition to incregdine payload capability or decreasing
the cost of the launch vehicle, propellant refugloan help reduce the concern that
unexpected mass growth will push the size of tihitacture elements beyond the limits
of the current infrastructure. Any increase in maas be offset by a corresponding
decrease in the mass of propellant carried to LE@é launch vehicles. These potential
solutions will be evaluated to determine if theyo\pde an increase in value to the
exploration architecture.

Another potential benefit of propellant refueling the ability to mitigate
propellant boiloff by providing any lost propellattt the EDS and LSAM at the end of
the LEO loiter, instead of caring the additionabgellant to orbit. With a propellant
depot, the EDS and LSAM can remain in LEO indedlyitbecause there is no risk of
losing the capability to perform the required nossimaneuvers. The payload
requirements on the launch vehicle are reducedulsecthe architecture is no longer
required to bring additional propellant to LEO tocaunt for boiloff. The exploration
architecture is also able to achieve a better lafsgnission reliability because the
maximum LEO loiter time is no longer dependent ba taunch of the crew launch
vehicle. The launch of the crew can now be conaldgrdelayed without the risk of

losing a mission.

10



The introduction of propellant refueling also &l an increased number of
concepts of operation to be considered many of kvhie not possible with the current
architecture. The availability of additional propet in LEO allows the EDS to perform
a greater variety of missions. As an example, theak Orbit Rendezvous maneuver is
currently performed by the Descent Stage of the MSA&his scenario requires the lander
to be sized to carry an additional 50,000 Ibm aipetlant. Allowing the EDS to perform
the LOI in addition to the TLI maneuver reduces thee of the lander or greatly
increases its payload capability because the lacaerbe sized to carry less propellant.
This LOI maneuver capability using the EDS was s@lected for the ESAS baseline
design because the launch vehicle could not detherequired propellant to allow the
EDS to perform both maneuvers and because of Ti¢eras with the EDS performing
this maneuver. With the addition of propellant edfing, the additional propellant can be
provided to the EDS once delivered to LEO. Thi®wl the EDS to perform a wide
range of mission maneuvers without altering theenirvehicle configuration.

In the previous example, the capability of the EW& expanded in order to
accomplish both the TLI and LOI maneuvers. This wassible because sufficient
propellant was available in LEO and because the E&lf is a very large propulsive
stage. The EDS doubles as the second stage othe launch vehicle and is capable of
holding 488,000 Ibm of usable propellant. In theddime design, this propellant is split
between the ascent burn and the TLI maneuver, apgroximately 225,000 Ilbm of
propellant remaining once the EDS is delivered EOL A completely full EDS in LEO
has the capability to deliver 400,000 Ibm throudH &nd in excess of 300,000 Ibm of

through TMI. The utilization of the EDS could elimite the need for a new Nuclear
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Thermal Propulsion (NTP) system and greatly redbeenumber of launches needed,
therefore decreasing the overall cost of large agion missions. A large amount of
propellant refueling is required to completely velfthe EDS once it reaches LEO and
would require an efficient low cost propellant gely method in order to become a
viable architecture solution.

One of the goals established in the Vision for IBrsgtion was to utilize
commercial partners where possible. This could @lprove the adorability and thus
sustainability of NASA exploration architecture.€elheed to deliver propellant to LEO
would allow commercial partners to play a largelersm NASA future exploration
missions, and could help lower the cost of eachsimms The other benefit of utilizing
commercial launch providers to supply propellanLEO is that it would increase the
number of commercial launches completed each yigas. would help drive down the
launch costs to both NASA and to the rest of thenroercial launch industry. The
original low cost predictions for commercial launeéhicles have never been realized
because the expected demand has never materialibesildemand has remained low
because of the high cost of launching payload amkat. This is a problem that cannot be
solved without the introduction of an outside ieihce. The introduction of propellant
refueling could solve this problem by supplying themand needed to help reduce the
current launch costs. This could then lead to areese in demand throughout the rest of
the launch market as the launch costs could beceeldto a more affordable level. The
demand for propellant could also lead to the neec&fmuch higher launch rate than can

currently be provided by the launch industry. Thauld help pave the way for the
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development of reusable launch vehicles that waliichately provide the lowest cost for
LEO payload delivery.

The final benefit of refueling that will be disses is the ability to help mitigate
the risk in developing complex systems which haasyd amounts of initial design
uncertainty. During the development of most systemost of the major design decisions
are made early in the design process where thé dasunt of knowledge is known
about the final design. As a result a number ofngea are often required during the
deign process. These changes lead to increasestimmd delays in schedule. Refueling
can be used to help reduce the number of desigmgelsaneeded or limit the impact they
have on the system. This is accomplished by reduitia amount of propellant that is
delivered to LEO. This provides an insurance pofayprogram managers to use when
unexpected design changes occur that may requaraddition advanced technologies or
result in long program delays. Refueling reducesribk by reducing the number design
changes required throughout the development process

The above discussion presented a number of patémiprovements that could be
incorporated into the exploration architecturerdggellant refueling was available. There
are however a number of potential concerns thatlimatthe value that can be achieved.
A major concern is that the capability to refuebegcraft in LEO is not a currently
available technology. Chapter 2 provides a compldigcussion of the current
development effort for in-space propellant refuglifhe second possible concern is the
ability to provide a long term storage system témninates boiloff of the cryogenic
propellants. A number of potential solutions exist{ again they have not been tested in

a space environment. A truly zero-boiloff capabilis not required but would aid in
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reducing the price of propellant and the cost & HEO propellant depot. The final
concern is the ability to develop a low-cost prégoel delivery system that can routinely
deliver propellant to the storage system. The wortkis thesis will look at how the price
of propellant affects the value that propellantuedihg provides the exploration

architecture.

1.2.2 UNDERSTANDING THE POTENTIAL VALUE OF PROPELLANT RE-FUELING

The value of propellant refueling can be clasdifiey understanding how the
addition of this capability affects the designenid and how well it address those issues
facing the development of the architecture. A nundfelecision making methods can be
used to look at the overall effects on the Figuwfelerit. The tools utilized in this thesis
will help define the cost and benefits of introdwgipropellant refueling and help
establish which refueling strategies results iratgst improvement to the design of the
architecture.

There are a number of ways to evaluate the paldmgnefits and cost of applying
propellant refueling to the exploration architeetufhe simplest method is to understand
how the addition of this capability impacts eachtted Figures of Merit. This approach
allows the decision maker to evaluate a numbemgficts on the architecture. While this
method provides a more intuitive means to evalpadpellant refueling, it does not take
into account the full multi-disciplinary nature dhe problem. A Multi-Attributed
Decision Making (MADM) method [7] is needed in orde evaluate the full impact of
propellant refueling on the entire architectureisTigpe of method allows the utilization

of various FOMs instead of a single decision maldritgria and also provides a means
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to weight the importance of each FOM. This addaioinformation allows the decision
maker to understand how impacts on each of thesidecimaking criteria affect the
selection of the final design point. The major cancwith the implementation of a
MADM method is the dependence on the use of weightriteria to define the relative
importance of the different figures of merit. Ancacate estimation of these weights can
be difficult, if not impossible, to determine. Tké&re, various weighting scenarios are
often considered to alleviate the uncertainty iesth estimations. The result of this
method is a ranking of the design points basedownwell they perform across all of the
Figures of Merit.

A Pareto frontier can be used to evaluate the vailwarious design options when
more than one Figure of Merit is important to thexidion maker. A Pareto frontier is
also able to establish the solutions which natyrdibminant a design space. As an
example, if two design points are shown to havestrae payload mass but design A has
a lower cost than design B, it is said that deg\gis dominate because it achieves the
same capability for a lower cost. Based on these dxiteria point, B is always worse
than point A and can be discarded as a potentiatisn. Using this logic, a curve of the
solutions that bounds the decision space can belajd for a set of FOMs. The points
along this frontier are considered Pareto-efficiam¢aning that any improvement in one
FOM requires a degradation of another. The decisiaker can then make trade-offs to
determine where in the design space the best anlakists. This method is similar to the
MADM method and allows the decision maker to untéerd how the design changes as
various weightings are applied. The benefit of thisthod is that it quickly reduces the

size of the design, considering only the dominattuit®ns, therefore reducing the
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amount of information that must be considered wimaking a final selection. The Pareto
frontier also provides a relationship between tliaVis so that the decision maker can
understand how the improvement in one FOM impantstheer. However, when more

than two FOMs are considered this concept becolssaat and difficult to visualize.

A payload efficiency factor can also be used towstthe potential value of
introducing propellant refueling into the explocatiarchitecture. This factor is defined
by dividing the total cost of the lunar campaigntbg total amount of payload delivered
to the lunar surface. In some cases the additigorapellant refueling will increase the
total cost of the architecture, but if the changepayload capability has a greater
marginal improvement then the payload efficienogtda will decrease. This factor can
also be used to help understand which architectba®ges have the biggest impact and
which have little to no impact on the baseline gesiThis helps to classify how
propellant refueling can best be applied to thelaation architecture and potentially
future exploration systems. The payload efficieffiagtor can not be the only FOM
because NASA'’s yearly budget is constrained; thiesvar payload efficiency factor may
be offset by an increase in annual cost over skyers that must be considered; even

though the total life cycle is less.

1.3 RESEARCH OBJECTIVES AND GOALS

The main objective of this research is to undedtthe effects of propellant
refueling as it applies to the current NASA exptana architecture. This work will both
investigate the propellant refueling design spadéhimv the current NASA lunar

architecture and determine the cost and benefdgagh point within the design space.
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These results will then be compared against the £Aseline design to see if an
improvement can be made to the architecture thralhghimplementation of propellant
refueling. While the results here will focus speeifly on a lunar architecture, the overall
trends should hold to other exploration missionse Tollowing is a description of the

main goals to be accomplished in this work.

e Goal 1: Develop a lunar architecture model capabtd utilizing various

propellant refueling techniques.

This model will be flexible enough to make tradésand measure the impact of various
propellant refueling capability on NASA lunar arature. It will also be able to model
the baseline architecture and replicate the residltbe ESAS within a few percentage
points, providing accuracy and confidence for thedel. The individual models must be
able to calculate quickly so that Monte Carlo asslyan account for uncertainty in the

model inputs.

* Goal 2: Explore and understand the effects that pedlant refueling have on

NASA'’s baseline exploration architecture

A morphological matrix [8] will be used to charaize the different applications of

propellant refueling and evaluate the design clsoigghin each of these. This matrix

encompasses the design space and provides thewanmuts to the architecture model.
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The results from these different combinations gille insight into the mass impacts that

different applications of propellant refueling haaethe architecture.

* Goal 3: Determine the costs and benefits of addprpellant refueling to the
lunar architecture and determine what approach h#se greatest effect on the

over all design of the architecture.

The final results of this work will provide a guide selecting the best application of
propellant refueling as it applies to the lunarh@tecture. This guide will outline the
trends observed along the Life Cycle Cost (LCC) amdhr surface payload capability
Pareto frontier, examine where in the design splaeanost efficient design points are
located, and determine how the addition of risk artensibility considerations affect
which designs have a greatest benefit to the aatioite. The final selection will depend
on the values of the decision maker, but designtpdhat perform well within each of
these analyses are likely candidates for the fanethitecture design. The differences and
similarities between Scenarios One and Two wilbate discussed to illustrate how
different application of propellant refueling caigrsficantly affect the design of the

architecture. These two Scenarios will be fullycdssed in Chapter 3.

1.4 DISSERTATION OVERVIEW

This dissertation will cover the entirety of thenk@ompleted during this study in
an attempt to show the reader the benefits and adspropellant refueling. This first

chapter provides the motivation for the researaidooted during this study. It provides
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the reader with a historical view of NASA's explooa program, including the path
leading up to the development of new exploratiochiecture. It then discusses how
propellant refueling can potentially be used to nowe the design of NASA baseline
architecture. The chapter concludes with a disonsf the major goals to be
accomplished.

The second chapter continues with a backgroundusisson of propellant
refueling and how it has been conceptually studtecexploration missions in the past.
The limited work done utilizing this capability h#sd to the need to develop a more
complete understanding of its effects on architectlesign. A feasibility discussion will
also be presented to provide the current statut@mechnology development of a long-
term LEO propellant storage and cryogenic propeli@ansfer. A look at potential
propellant suppliers will also be discussed.

Chapter 3 will outline the design space used ia thesis to explore the effects
that propellant refueling has on the baseline &chire. A description of the design
variables will be provided along with the rangesisidered during this work. These
design variables will provide the inputs to the mlaty and simulation environment.

Chapter 4 will outline the development of the mitgnt refueling simulation
environment. This outline will provide the readeithha complete understanding of the
individual analyses and what interactions existmeen each model, along with a
discussion of the ModelCenfef9] simulation environment used. The assumptiams a
limitations for each model will be provided. Chapt@ and 4 should provide the reader
with a clear understanding of the process for argahe results that will be discussed in

Chapters 5, 6, and 7
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Chapters 5 and 6 are very similar in structure anly differ because of the
scenarios they discuss. Chapter 5 will define Stertane, where the payload capability
of the architecture is increased without changing size of the different elements.
Chapter 6 will define Scenario Two where the pagloapability remains the same as the
baseline architecture, but the individual elememts allowed to adjust their size. These
chapters will discuss the results developed frora #mulation environment and
investigate the cost and benefits of each designt.pd Pareto frontier will be used to
establish the dominate design points and showr#iake toff that can be made between the
cost and capability of the architecture.

The work in Chapter 7 will finalize the value pogition of propellant refueling
to NASA. A detailed discussion will be presentedstiow the precise value that the
introduction of this capability provides the areuiture. In particular the effects of
propellant refueling on each Figure of Merit wi# presented.

The final chapter will be a concluding discussatlining specific observations
made during the study and a guide to the use gbgllamt refueling in exploration
missions. A future work section will also be prosdto discuss possible improvements,

as well as additional work that can be made to aw@tthe results provided.
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CHAPTER 2

BACKGROUND

This chapter begins with a detailed discussiothefESAS architecture which is
the baseline for comparison in this thesis. Previmuspace propellant refueling design
studies will be presented to provide the readehn wibhat has been considered to date and
what information is lacking. The basis for thiseasch is to complete the understating of
the benefits that propellant refueling can prowaexploration missions. A summary of
the current technology development will also bduded to provide the reader with the
time frame needed to reach a technology Readinessl (TRL) of 6 or higher. The
commercial launch market is also discussed to deovtine reader with a basis for the
propellant deliver price estimations consideredi@veloping the refueling model. The
chapter will conclude with a discussion of the sgstengineering methods and practices

used in this research.

2.1 SUMMARY OF ESASBASELINE ARCHITECTURE

The results of the ESAS completed in 2005 provithedbaseline architecture that
NASA would used to complete the Vision for SpacelBration laid out by President
George W. Bush. This architecture provided the Ibeseoncept with which to begin
developing NASA'’s new exploration architecture. §boncept was not meant to be the
final design but rather provide the foundation forther studies to build upon. This

section will outline the baseline design, includadfof the major architecture elements.
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It will also provide a discussion as to which eletsemay be affected by the addition of

propellant refueling to the architecture.

2.1.1 BASELINE LUNAR CONCEPT OFOPERATIONS

As seen in Figure 3, the ESAS architecture uslizeo launch vehicles to deliver
the crew and cargo to Low Earth Orbit. The CrewIBpqgdion Vehicle (CEV) rendezvous
with the Earth Departure Stage (EDS) and LunarggeriAccess Model (LSAM) prior to
trans-lunar injection (TLI), which is performed lije Earth Departure Stage. This
represents the Earth Orbit Rendezvous portionehtichitecture alluded to in Chapter 1.
The EDS is expended once this maneuver is comphketddthe CEV, Service Module
(SM), and LSAM continue on to the Moon. The descaage of the LSAM performs a
Lunar Orbit Injection maneuver to place the renranarchitecture elements into a
circular lunar orbit, often referred to as low lurmabit (LLO). The crew then transfers
from the CEV, which will remain in LLO, to the LSAMabitat; the LSAM then
separates and descends to the lunar surface ussegrtt stage of the LSAM. The LSAM
is capable of supporting the four crew membersaupetven days on the surface of the
Moon. At the end of the lunar mission, the LSAM exsicstage separates and returns to
LLO, leaving the descent stage on the lunar suri@oee in LLO, the ascent stage docks
with the CEV/SM and the crew transfers back toGig/. The ascent stage is expended,
and the SM performs the Trans-Earth Injection (TB§neuver to provide the CEV with
a direct Earth re-entry trajectory. After sepanatod the SM and re-entry, the CEV makes

a land-based landing in the western United States.
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Figure 3: ESAS Baseline Lunar Architecture Conad@perations

2.1.2 CARGOLAUNCH VEHICLE SUMMARY

The cargo launch vehicle (CaLV) is designed tovig® reliable transportation of
cargo, in particular the LSAM and EDS, from the tBar surface to low earth orbit. The
ESAS results favor the use of Shuttle-derived lawehicles for the goals of supporting
the proposed lunar exploration program. The CalLMuFe 4) was designed as a space
shuttle derived launch vehicle. The CalLV uses #himtritage components such as the
reusable solid rocket boosters, though modifieth¢ttude five segments instead of four,
the Space Shuttle Main Engine (SSME), and an exiteliameter equal to the diameter
of the Space Shuttle External Tank (ET) to bothucedoverall development costs as well
as take advantage of the significant effort alresgignt on increasing the reliability of the

Shuttle components.
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The CalLV consists of two and a half stages as shovirigure 4. The core stage
is a liquid oxygen (LOX) and liquid hydrogen (LH@)opulsion system powered by five
SSMEs capable of generating 2,300,000 Ibm of vacthmmst with a vacuum specific
impulse (Isp) of 452s. Two five segment solid rddkeosters are attached to each side of
the core stage and are used to provide additibmastt at liftoff. The total vacuum thrust
of the two SRBs is 7,600,000 Ibm with a signifidgdwer Isp of 265s. The"? stage of
the launch vehicle, which is also utilizes a LOXZ.ldystem, is powered by two J-2Ss
engines. These engines provide a total vacuum afis%0,000 Ibm with a vacuum Isp of
451s. A summary of these values is provided in @dblThe diameter of both stages is
designed to be 27.5 ft to match the diameter ofgkiernal Tank of the Space Shuttle.
The LSAM rests atop the EDS and is enclosed ingid@ ft payload fairing. The CalLV

is designed to carry the EDS and LSAM into a 300Q hmi orbit prior to launch of the

crew.
Table 1: CaLV Propulsion System Summary
Vacuum Thrust [Ib]  Vacuum Isp[s] Propellant [Ib]
Core Stage 2,300,000 452 2,200,000
5-Segment SRBs 7,600,000 265 2,800,000
2" Stage/ EDS 549,000 451 488,000

The upper stage of the CaLV doubles as the EDStwis responsible for
performing the trans-lunar injection maneuver. igitilg the 2¢ stage for this maneuver
instead of adding a third stage decreases the mo#als of the vehicle because less

engines and tanks are required. This stage isftrerdesigned to hold 488,000 Ibm of
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usable propellant of which only 264,000 Ibm is uskding 2¢ stage ascent. The

remaining propellant provides a significant in-spgcopulsive capability, but could be
greatly increased if the full 488,000 Ibm of prdpet was available in LEO. The EDS
tanks could be filled in LEO through propellantugling. This additional propellant

would allow the EDS to perform a wider range of sioss including performing the

LOI, originally performed by the LSAM, or provingrge payloads to missions beyond
the Moon.

There are a number of other potentially benefigidésign changes on the CalLV
that could be made to take advantage of propetkfokeling. As discussed above, the
EDS is a very large propulsive stage that couldutiéezed to perform a much wider
variety of maneuvers than is possible with the lasealesign. The immense size of the
CaLV is partially due to the need to deliver the Propellant to LEO. Replacing the TLI
propellant with propellant from the LEO depot wogleatly reduce the size and mass of
the launch vehicle. Also by not having to carry T propellant to orbit, greater design
margins could be achieved. It is also possibletogase the propellant burned during the
2" stage ascent to provide a greater payload capatulLEO (although limited because
of gravity losses). Much of the launch vehicle dasrevolves around the quantity of
propellant that must be delivered to LEO for ineggpananeuvers, with the introduction of
propellant refueling this burden can be removedeasing the design flexibility of the

exploration architecture.

2.1.3 LUNAR SURFACE ACCESSMODULE (LSAM) SUMMARY

The Lunar Surface Access Module (LSAM) provideshbaccess to the lunar

surface and a habitat for humans during exploratigsions. Once in Low Lunar Orbit
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(LLO), the crew transfers from the Crew Exploratigahicle (CEV) to the LSAM for
descent and landing on the surface. The crew edilthe LSAM as a base of operations
while on the surface. The Ascent Stage is usecttirnr the crew to the CEV in LLO
(Figure 3). The lander follows a similar design @geh used during the Apollo program,
though the ESAS baseline lander can reach a greatmty of locations on the Moon,
support up to four crew, and remain on the surfaceseven days. All of which are
significant improvements over the Apollo prograropever, more payload capability for
the entire system architecture is required.

The LSAM is a two stage vehicle design (Figure&S)Descent Stage which is
responsible for inserting the LSAM, CEV and SM ihdmar orbit and transferring the
lander from orbit to the surface of the Moon. These maneuvers require 60,000 Ibm of
propellant, which is more than 50 percent of therer,SAM gross mass. The descent
stage is powered by a LOX/LH2 propulsion systemciwhs derived from the currently
available RL-10 engine [ESAS, pp. 166]. The foascknt engines generate 60,000 lbm
of thrust with an Isp of 460s. The descent stageames on the lunar surface at the
completion of the missions. The ascent stage isngily a pressurized living
environment designed to house the crew duringekiersday lunar surface mission. The
ascent stage has a total pressurized volume 00 Xubic feet. This pressurized volume
also contains a separating bulkhead to allow aseof the habitat to be depressurized to
allow egress from the vehicle to the lunar surfadee ascent stage also returns the crew
from the surface of the Moon to lunar orbit at twmpletion of the mission. This is
accomplished with a single LOX/Methane engine cépalb generating 10,000 Ibm of

thrust. The LOX/Methane engine was selected toigeoeommonality with future Mars
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missions, since Methane can be processed from thes tmosphere. A number of
alternative Ascent Stage propellant were considdrethg the ESAS and remain under
consideration. This study will allow the ascengst&ngine to vary among four possible
alternatives. These alternatives include the baseliOX/Methane engine, a storable
propellant system like Apollo, and both a pressamd pump fed LOX/LH2 system. A
more detailed description of each engine is dismliss Chapter 3. Once the crew has
been returned to the CEV, the ascent stage isrdsgaThe LSAM is 100 percent
expendable, and new vehicle is required for eadsiomn.

The baseline lander is currently designed to perfthe LOI maneuver, which
requires 30,000 Ibm of propellant. If the landerswaot required to perform this
maneuver (EDS is filled on orbit to do the LOI) nhine gross mass, as calculated by the
tools used for this study, would be decreased h§0BIbm. This is close to 50 percent
of the current LSAM total gross mass. In additionrésulting in a smaller lander, this
would reduce the LEO payload requirements of th&\Cgotentially resulting in a
smaller launch vehicle. Another potential approchemoving the LOI maneuver from
the lander would be to hold the gross mass of diecle constant and allow the payload
capability to increase. Thus, the reduction in piiamt mass could be replaced with

additional payload capability.

2.1.4 CREWLAUNCH VEHICLE SUMMARY

The crew launch vehicle is designed to providebé transportation of humans
and cargo from the Earth’s surface to Low EarthiOfithe ESAS results favor the use of

Shuttle-derived launch vehicles for the goals e¥iseng the International Space Station
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after the retirement of the STS and supportingpfogosed lunar exploration program.
The CLV is a Space Shuttle-derived launch vehilee CLV uses Shuttle heritage
components such as the reusable solid rocket bramstethe Space Shuttle Main Engine
(SSME) to both reduce overall development costsaibdule as well as take advantage
of the significant effort already spent on incregsithe reliability of the Shuttle
components. In the baseline architecture, the GlLxésponsible for delivering the CEV
to LEO.

The CLV is a 2-stage expendable launch vehiclagded to be the highest
reliability launch vehicle ever built (Figure 4)h@& vehicle consists of a four segment
solid rocket booster first stage, taking heritaganf the SRBs used on the Space Shuttle.
The 2¢ stage is a LOX/LH2 propulsion system powered bg &@EME. The SSME
design will be modified to start at altitude. Balle SSME and SRBs have proven to be
highly reliable launch systems. A key aspect of@h#&/’s crew safety is the additional of
a launch abort tower place at the top of the vehi®his escape system can be used
separate the crew of the CLV is case of a catdsicdpilure. The CLV is designed to
carry a payload of approximately 59,900 Ibm int8GaX 100 nmi orbit injected at 60
nmi. This payload mass was chosen as a resulteoE®AS study for the CEV design.
This orbit will allow the CEV to rendezvous withetlpre-launched EDS and LSAM. The

resulting vehicle is 290 ft tall with a mass of&@ Million pounds.
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The work in this thesis will assume a constant Qlovifiguration and will make
no design changes throughout the study. While th¢ Ras potential to take advantage
of propellant refueling by offloading propellanbin the service module or refueling the
2" stage in LEO, this will not be considered in thisrk. This will be considered as

potential future work.

2.1.5 CREWEXPLORATION VEHICLE (CEV) SUMMARY

The CEV consists of a Crew Module (CM) and Serwtedule (SM) which are
both launched together aboard the CLV and remasclaéd until just prior to CM
reentry (Figure 3). The CEV provides life suppgdtems for the crew while transferring
between the Earth and Moon and during LEO operstidhis includes transportation to
the International Space Station. The CEV is alspaasible for reentry for both lunar
and ISS missions. The Service Module (SM) is thapplsion system for the CM. This
vehicle provides the Trans-Earth Injection (TEl)neaver to return the CEV from lunar
orbit and provides the capability to transfer tHedrom its insertion orbit to the ISS.

The CEV Crew Module (CM), shown in Figure 6, iscaled up version of the 18
ft diameter Apollo capsule that is capable of tpamsng up to four crew members during
lunar mission and up to six crew for missions t8.1$he CM provides from 425 to 525
cubic feet of habitable volume during lunar missiodepending on the final
configuration. The CM also utilizes a blunt-bodypsale to provide a heritage design
from previous human and robotic missions. The CMiasigned to be completely re-
usable except for the ablative heat shield andimgnslystems that must be replaced after

each mission. The CM has no main propulsion systethrelies on the service module
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for all major propulsive maneuvers. The SM was gledio utilize a LOX/Methane
propulsion system in order to obtain commonalityhvthe Ascent Stage of the LSAM.
Utilizing this system for initial ISS mission helpsiprove system reliability prior to
beginning the lunar campaign. A solar array wasctetl as the primary power system to
achieve better performance for long duration missio

The configuration of the CM and SM are held comistaroughout this study with
a mass of 44,000 Ibm. This mass is used when coimgpléhe TLI and LOI maneuvers.
The SM is highly dependent on the amount of prepellit must carry and could
potentially be refueled in LEO. Additional work, ymand the scope of this thesis, is

needed to determine if potential value can be aeklidy refueling the service module.

Crew Escape System

Crew Module

Service Module

Figure 6: ESAS Baseline CEV
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2.2 PREVIOUS PROPELLANT REFUELING DESIGN STUDIES

The concept of in-space propellant refueling hasnbstudied since the 1950’s,
when the Air Force began investigating how its raiftcrefueling techniques could be
applied to in-space operations. The idea behinggiiant refueling is that a vehicle can
gain better overall performance if it does not needarry all of its propellant from the
start of the mission. Aircraft have been using ttescept since the 1920’s [10]. Long-
range cargo aircraft such as the KC-135 are ableedfoiel short-range fighters. This
greatly increases the range of the fighter aircedfowing them to perform a wider range
of missions. This same concept can be applieddoespxploration missions. In this case,
the propellant required for in-space operationsleivered to LEO and stored in an
orbiting propellant depot. The propellant can thertransferred to any of the architecture
elements as needed. Providing this propellant obri-ocan reduce the payload
requirement for the cargo delivery vehicle by asmas 75% for a lunar mission [11].

On-orbit propellant refueling has not yet beeniptd practice, but much research
has been done on this subject. On-orbit propefkeoeling research can be broken down
into three general areas of focus. The first isube of propellant depots in exploration
missions, the second is utilizing propellant deptts provide increased life and
performance for commercial satellites, and thedthg the design and technological
development of cryogenic in-space propellant s@ramd transfer. The following
sections will summarize the literature that hasnbesitten on each of these areas,
describe how it affects the work being done in thissis, and how the work here will

expand upon what has already been studied.
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2.2.1 PROPELLANT REFUELING IN EXPLORATION MISSIONS

A thorough search of the literature was conduttethvestigate how propellant
refueling had been applied to previous exploratiossion studies. These studies showed
that much of the research conducted so far haséocon human missions to the Moon
and Mars. There was also limited discussion onpthsible use of propellant refueling
for robotic science missions. The bulk of the poesi research focuses on a more
conceptual understanding of propellant refueling e possible benefits and challenges
associated with its development. Only a limited amaf work has been done to provide
analytical results as to the benefits and costpgilant refueling would add to an
exploration architecture. The following will outérthe work done in utilizing propellant
refueling in exploration missions.

The lunar orbital rendezvous concept of operatibgading to the Apollo
architecture, discussed in much of the literatim&s similar core components as the
ESAS architecture discussed above and of that shwagure 7. It requires a launch
vehicles to deliver crew and cargo to LEO, vehittesansfer the crew and cargo to low-
lunar orbit, vehicles to perform lunar maneuvers] &arth return vehicles. The main
differences in these studies are which vehiclesnaeded to perform each leg of the

mission and which architecture elements are re=tliel
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Figure 7: Typical Lunar Concept of Operations

2.2.2 APOLLO LUNAR ARCHITECTURE

The first notable study of propellant refuelingsaguring the initial development
of the Apollo lunar architecture. The original lurerchitecture was a Direct approach
that relied on the use of a very large NOVA [12sd launch vehicle. This vehicle would
not require an Earth or lunar orbit rendezvouswadld deliver all architecture elements
directly to the lunar surface. A single direct labrnvehicle was shown to be technically
impossible within the time frame of the Apollo pragm [13]. The Earth Orbit
Rendezvous (EOR) solution, Figure 8, was proposedotve the problems with the
initial Direct approach [14]. The EOR utilized akar refueling option in LEO to reduce
the size of the launch vehicle. While never sebbctieis option was considered by many
within NASA, including Wernher Von Braun, to be thest option because of EOR’s
potential for future exploration systems [14]. TEB®R architecture required the launch
of two Saturn V class launch vehicles. The firsinieh delivered a refueling tanker and

the second delivered the crew and in-space tramdéenents. The two vehicles would
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rendezvous and dock in LEO, and the tanker elemventd transfer liquid oxygen to the
in-space propulsion vehicles. The EOR would allovenaaller launch vehicle to be
developed because the in-space propellant wouldrimaded during a separate launch
thus reducing the payload requirements on the igehitie remaining architecture would

follow the direct lunar mission approach.
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Figure 8: Apollo EOR Mission Mode [15]

The drawback of the EOR architecture is thatqureed the launch of two launch
vehicles which increased the cost of the architecand decreased mission reliability,
because both launch vehicles had to be successtutler to complete the mission. The
EOR approach would also rely on the use of proptli@nsfer which had no historical
reference to draw upon. The EOR option was evegtuadt selected because the
refueling technology could not be fully tested witlthe timeframe of the lunar program
and it also required two launches per mission.

The final Apollo architecture utilized the Lunarkid Rendezvous. The primary
reason LOR was selected over EOR was due to threeshione frame needed to meet the
goal of landing a man on the moon [13]. This aetttiire only required one reasonably

sized launch vehicle because of the inherent igespstaging strategies. The initial
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analysis showed that both the LOR and EOR modesentkehnically feasible and could

meet the strategic needs of the nation, howeverdablts showed that the LOR option
offers a 10 — 15% lower cost and higher missiorces® probability because it relied on a
single launch vehicle.

The Apollo EOR study showed that propellant rehgloffers an improvement
over systems where all elements are launched oimmgesvehicle. This study also
demonstrated that launching the in-space propeltmparately resulted in a more
technically feasible architecture solution than iee€t approach because of the reduced
payload requirements on the launch vehicle. Thiskwall investigate how this concept
can best be applied to the design of the cargoclawmehicle. The Apollo study also
alluded to the fact that a low-cost propellantwiliimethod is required in order to reduce

the cost of exploration systems.

Result: Propellant refueling can be utilized to wed the payload requirement on the
launch vehicle by eliminating the need to carry thespace propellant. This could

significantly affect the design of the NASA caakth vehicle.

Result: The primary draw back found during the Agdlnar mode study was the

additional launch cost of the tanker vehicle. Iatilg a low-cost existing or proposed

commercial launch vehicle(s) could alleviate thosmicern.
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2.2.3 REFUELING WITH CURRENT SPACE TRANSPORTATIONSYSTEM

The study performed by Cady [11] utilizes the Spdcansportation System
(STS) and the derivative STS-C to deliver crew aadyo to LEO, the International
Space Station as the refueling node, a re-usabtarLlransfer Vehicle to transfer the
architecture elements between Earth and lunar awit a re-usable Lunar Excursion
Vehicle that provides transportation to and frore gurface of the moon. This study
primarily focuses on how the propellant transfeth@&ndled at the refueling node and
considered four initial options. In option one, tleéueling tanks are directly transferred
to the LTV at the ISS. In option two, the tankercki® with the ISS and provides direct
propellant transfer to the LTV. In option three, @biting depot is developed instead of
utilizing the ISS and the propellant tanks are sfarred to the depot from the tanker. In
the final concept, an orbiting depot is utilizedlahe tanker directly transfers propellant
to the depots storage tanks. The results of thdygttovided no conclusions as to which
method provided the best refueling option. Theayiwhich utilized the ISS resulted in
lower cost solutions but provided an increase tisthe space station. The two solutions
with the new depot offered a better performancebsge the depot was located at a lower
orbital inclination, but had a larger developmeostc

This study had a number of shortcomings and pealitittle insight into the
potential benefits of propellant refueling. The mosportant shortcoming is that the
study assumed an architecture that utilized prapeltefueling and did not trade it
against a baseline design that accomplished thee samssion without the use of
refueling. Therefore no conclusion could be madwdbke potential benefits of adding it

to the architecture. While the study did attemptdiscuss the impact of various
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propellant transfer strategies, it provided littetail to understand the benefits and cost of
each option. Much of the study focused on develppuhich concepts to consider and
how they should be evaluated. The study also fadecbnsider more than one potential
refueling option. The lunar transfer vehicle wag tmly element of the architecture
considered for refueling and details on the impdchis decision were not discussed.
The results from this study showed that both tan& direct fluid transfer offer
both positive and negative impacts on the architecvith neither design choice showing
any distinct advantage over the other. The locatiotihe depot will likely correspond to
the orbit already being utilized by the architeettws maximize the performance from the
propellant delivery system. The author does poutttbhat the results of this study are
preliminary and additional work is required, indlugl an investigation of a series of

additional trades. To date, no additional work Ibasn published.

2.2.4 REFUELING WITH REUSABLE LAUNCH VEHICLES

Koelle, in his paper “Lunar Space Transportatigat&n Options,” [16] proposed
three options where propellant refueling could liehenar exploration missions; these
three concepts are outlined in Figure 9. A founptian is also provided to represent an
Apollo lunar orbit rendezvous type solution andveeras a baseline point of reference. In
concepts 1 — 3 all architecture elements are rbleis®ption one utilizes a three stage
heavy lift launch vehicle to perform a direct lumaission, whereby the same vehicle is
used from the Earths’ surface to lunar orbit. Ausable lunar ferry is waiting in orbit to

transfer the crew and cargo to and from the suréddbe moon. The propellant for this
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ferry is provided through fluid transfer from th& 8tage of the launch vehicle. Option
two utilizes three re-usable vehicles: a singleyestio orbit launch vehicle (SSTO), a
lunar transfer vehicle (LTV), and a lunar ferry.eT®BSTO provides transportation of
crew, cargo and propellant to and from LEO. The L$Ve-fueled by the SSTO in LEO

and provides transportation to and from lunar ofbite LTV provides propellant to the

lunar ferry which provides transportation of thewrand cargo to and from the lunar
surface. The third option utilizes a single vehitbetransfer from Earth to the lunar
surface and back with a stop in LEO to re-fuel mtogbiting depot. All three concepts
could be designed to utilize propellant refuelimgeither lunar orbit or on the lunar
surface. This propellant could potentially be depeld directly from lunar resources. The
author discusses the potential for payload imprammf a reliable and low-cost

propellant delivery system was available on the Moo

Expendabie RHLV .
(SAT V-Type) (Neptun-Type ) ?-Sl}\? SSTO - Vehicle

3 Stages +Lu BUS (R) +LuBUS

Refuelling at SOC

Exp.
3+1
Stages

Figure 9: Lunar Transportation System Options [16]
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In all three alternative concepts, a new re-usktlach vehicle is required. In the
first option, a three stage re-usable launch vehgdeveloped with the third stage being
used as the in-space transfer stage. The secondthartd concepts require the
development of a SSTO launch vehicle. The autheo ahows that the propellant
required to transfer from the Earth’s surface tdOLE similar to the propellant required
to transfer from LEO to the moon. This would makeage located in LEO the most
logical option. In this case, the same vehicle d¢dud used for both ascent and lunar
transfer and is seen in option three. Similar eodtudy by Cady, only re-usable elements
are considered in this architecture, making it ameéntally different than the completely
expendable baseline architecture currently beingldped by NASA

The author provides all four of these conceptsassible lunar architectures to be
considered for future development though littleadeis provided as to the potential
benefit of each. He states that a “best” soluti@am @ot be determined from the
information provided and additional work is neededruly investigate the viability of
these concepts as lunar mission options. The atéiisrto make a comparison between
the four architecture solutions and focuses mogt@paper on concept three. The results
of the author’'s analysis shows that a large amodimiropellant is needed in order to
perform the in-space maneuvers and requires afisigmi number of launches to provide
all of the propellant to LEO. In some cases 32 ¢hes are needed to provide sufficient
propellant for the lunar mission. This leads théhauto the conclusion that a dedicated
tanker vehicle would be needed to provide sufficgopellant to the architecture and to

achieve a launch price that makes this solutiomeweucally viable. The author also
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discusses that this cost can be decreased if lkgsmurces are used to provide the

propellant to the architecture. A detailed explaomaof this conclusion was not provided.

Result: The Earth Departure Stage can be used tfoqme a greater portion of the in-
space maneuvers. This would increase the payloask rtieat can be delivered to the

lunar surface.

2.2.5 REFUELING IN DESTINATION ORBIT FOR RETURN MANEUVERS

The work done by Folta [17] considers the conadppropellant refueling by
placing a depot in the destination orbit to provide Earth return propellant. This study
considers placing propellant depots in both lunad aars orbit. This approach
significantly decreases the outbound payload requénts and the size of the in-space
transfer vehicle. The cost to the architecturéésrtumber of additional launches required
to preposition the Earth return propellant. Thisieéing option is only a small part of the
overall study presented by Folta. Most of the warsented in this paper focused on the
idea of On-Orbit Staging, and how improved perfanoe can be achieved through
“basic staging” of the in-space transfer vehicléeTintroduction of multiple new
techniques makes it difficult to single out the grdtal benefits provided by propellant
refueling. The author does provide a limited setlatia that shows the potential payload
improvement achieved through the addition of prémrs propellant. A summary of

these are provided in Figure 10.

41



m24-hr I_
m36-hr [ |
O96-hr ) - S —

Metric Tons (MT) Placed On Lunar Surface

1-Stage with -
Depot 4-Stage with

Number of Stages and Depor Utilization Depot

Figure 10: Lunar Surface Payload using OOS andrR&epots

In order to discuss the results shown in FiguréghtOreader should ignore the “4-
stage” cases because these refer to the use ofrl@nSPaging which does not apply to
propellant refueling. The “1-stage” and “1-stagéhmidepot” results show the increase in
lunar surface payload capability achieved when #rehitecture makes use of
propositioned propellant in lunar orbit that isliméd for the return transfer maneuver.
These results assume a 120 mt LEO payload capahbilidl reusable transfer vehicle
between Earth orbit and lunar orbit and a reushlvlar lander for transfer to and from
the surface. These results show a potential impnewe in the lunar surface payload of
95 percent depending on the return delta-V requeréencan be achieved. A number of
assumptions go into these results but they begipréoide insight into the potential
payload improvement with this implementation of gethant refueling for return mission

maneuvers.
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There are two key concepts from this work. Thstfis that the introduction of a
propellant depot in either Mars or Lunar orbit lthe potential to increase surface
payload capability. The second is that the amotimropellant needed for Earth return
missions, in particular for Mars mission, can bbestantial and the ability to decrease the
propellant delivery price to $1,000/kg can potdhtiaave NASA'’s exploration program
billions of dollars. As was also pointed out in therk done by Koelle, the need for low-

cost propellant delivery is vital to the viabilioy propellant refueling.

Result: A depot in Lunar or Martian orbit that iagable of providing the Earth return

propellants can increase the surface payload cdpglaf the architecture.

Result: A low-cost propellant delivery method iguieed for the continuing development

of propellant refueling. What price level constsita low cost solution?

2.2.6 REFUELING WITH NASABASELINE ARCHITECTURE

A number of more recent studies have emerged shea@announcement of the
ESAS baseline architecture. These studies havesédcon improving or in some way
make use of the ESAS architecture elements. A numwibeoncepts have been offer by
Bienhoff as potential improvements to NASA explarat architecture. In his paper
“Propellant Depots for Earth Orbit and Lunar Explown” [18] Bienhoff investigates
how the lunar surface payload capability can berawed if propellant refueling is

availiable in LEO. Two potential concepts are prsgzh The first is to re-fuel the portion
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of the EDS propellant used during ascent whichaaulprove the lunar surface payload
capability by as much as 183% depending on the atmaiupropellant provided to the
EDS. This would increase the capability of the EDftif an additional means of
providing an increase in payload to LEO would bedesl. The second method would be
to allow the EDS to perform both the TLI and LOI meavers. This would allow the
lander to decrease the amount of propellant netdts mission maneuvers. No longer
requiring the LSAM to perform the LOI could poteally increase the surface payload
capability from 18 mt to 51 mt, assuming the lanciauld be designed to house such an
increase in payload capability. In both cases atihdition of propellant refueling in LEO
can greatly increase the payload capability ofatehitecture. While this work discusses
the performance benefits of propellant refuelingdoes not investigate the additional
costs or risks associated with implementing thisabdlity into the current architecture.
An additional investigation is needed to quantifgse effects.

This study also discusses the cost advantagescoénnentally building up the
propellant depot utilizing the upper stages of caroal launch vehicle. The upper
stages of both the Delta and Atlas class of lauredficles utilize LOX/LH2 propellant
and could be salvaged and utilized as the storggfemas for the depot. A number of
concepts are proposed and qualitatively comparsédban the development/assembly

cost, ease of integration and storage performamosg a number of other criteria.

Result: Utilizing propellant refueling in LEO todrease the propellant on the EDS

allows it to perform a wider variety of missionsdaimcrease the lunar surface payload

capability of the baseline architecture.
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2.2.7 NASA’'SREFUELING STUDIES

The Marshall Space Flight Center (MSFC) has begpme initial work on In-
space cryogenic propellant depots and how theydcdod applied to exploration
applications. To date, little has been publishedhow they would apply a cryogenic
depot to an exploration mission. A status repothefr work was published in November
2006 [19]. This report outlines their work, whiatrciudes some initial propellant depot
designs and explains how a LEO propellant depotdcbanefit commercial operators.
This report suggests that a propellant depot cdafter significant advantages for
NASA'’s space exploration systems”. The detailsheise advantages are left up to future
work; this work will include applying the propellarrefueling concept to ESAS
architecture. An outline of the future work to bempleted as a part of this study is
provided below. The first step in their future wakgns well with the work being done
in this thesis, though little is known of the sttof this work and the details being

investigated.

1. Make in-space cryogenic propellant depots (ISCF) pf the ESAS architecture
2. Encourage commercial development of ISCPD

3. Design cryogenic upper stage capable of propeftansfer with ISCPD

4. Conduct ground and flight experiments utilizing ST components

5. Build and test prototype ISCPD module

6. Study lunar surface ISCPD
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The NASA Langley Research Center has also conduateecent study that
involves the use of propellant refueling. The bitAggregation and Space
Infrastructure System (OASIS) [20] study was conddmover several years and involved
the design of a permanent lunar architecture tbakdctransfer crew and cargo from the
ISS to the lunar surface. The architecture utilimedsable in-space architecture elements
in order to reduce the hardware that had to beclaesh to LEO for each mission. The
chemical transfer stage and propellant module wptddide transportation for crew and
cargo between LEO and the first Earth-Moon Lagrapgst (L1). A lunar transfer
vehicle could be placed at L1 to provided transgt@h too and from the lunar surface.
The baseline ESAS architecture requires that alitacture elements be delivered for
each mission, which requires the development o#rgel heavy lift launch vehicle.
Utilizing these re-usable stages would allow fosraaller launch vehicle design. In
addition, a number of refueling flights would beeded to provide the needed in-space
propellant which could be provided by a low-cosmaoaercial operator. This study
suggested that propellant would need to be delivatea rate of less than $1,000/kg. The

feasibility of this price will be presented at #ed of this chapter.

Result: Propellant refueling provides a path forvd®eping re-usable in-space

architecture elements. These re-usable elementsdwwlp reduce the launch vehicle

payload requirements.

46



2.2.8 SUMMARY OF REFUELING DESIGN STUDIES

A summary of the different vehicles concepts thave been discussed in this
chapter are provided in Table 2. While the genarahitecture for a lunar mission
remains the same, each concept provided their olatien to accomplish each leg of the
lunar mission. The most notable difference betwiese studies and the current lunar
architecture is the use of re-usable launch elesneistead of expendable vehicles. Re-
usable architecture elements rely on the abilityp¢ore-fueled in order to continue to
provide their mission maneuvers. The work presemethis thesis will focus on the
current lunar architecture elements and will notestigate the impact on re-usable

architecture elements.

Table 2: Comparison of Vehicle Concepts Considered

Design Previous Studies Current Concepts

Launch Vehicle SaturnV, STS-¢*, SSTG®, RHLV™® CalLV, CLV

In-Space Transfer Upper StageL TV 118 sSTAH! EDS
Lunar Lander LuBUB®, ssSTA, LEVIHH LSAM
Earth Return S, LTvI8 s STEH] SM

Depot Location LEQOH310) 159201 | ) o8l Mard!®! -
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A number of results have been presented in thepten to summarize the
important conclusions made during this literatieeiew. Below are four hypotheses that
will be examined during this thesis that have bdemeloped from the results of the

previous design studies.

o The concept of propellant refueling is technicédgsible and does not result in
a significant decrease in the architecture’s mrsssaccess probability as

discussed in the Apollo Mission Mode Analysis [13].

o Ultilizing propellant re-fueling in LEO can increatee propellant on the EDS,
allowing it to perform a wider variety of missioasd increase the lunar surface

payload capability of the baseline architectur8, [ii6, 18].

o A propellant depot in lunar or Martian orbit canprave the extensibility of
NASA'’s exploration architecture by decreasing tingoant of propellant that

the architecture elements must deliver to LEO. 18],

o A low cost propellant delivery price is needed take re-fueling affordable to

NASA'’s exploration program [13, 16, 17, 20].

A number of design concepts utilizing propellagfueling have been discussed in

this chapter. In the previous section, a summath®ftonclusions from these studies was

presented. While these studies provided an ifdizk at propellant refueling, they failed
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to provide a comprehensive analysis of the entiopgdlant refueling design space. This
thesis will address the inadequacies of these puevstudies and explain what must be
addressed in order to obtain a complete understgnaohi how propellant refueling can
impact future exploration missions.

The primary piece of information missing from theajority of the previous
design work is a detailed quantitative analysise Bludies usually focus on describing
the concept of interest and how it would utilizegellant refueling, while a detailed
analysis of the overall performance is providedyad an afterthought or is left to future
work making it difficult to understand the benetitsit are achieved. Most of the previous
work also only considers a single implementatiorpdpellant refueling and does not
provide a complete investigation of how various moes impact the design of the
architecture. It is difficult to develop a complataderstanding of propellant refueling
because, depending on the study, each method Isags with various vehicles and
design assumptions. A unified analysis would pre\adclearer depiction of the effects of
propellant refueling. A recurring theme throughooatich of the previous work is that
propellant refueling is required for future expliwa missions, but no analysis is
provided to verify this claim. In order to undersdaf exploration missions benefit from
the introduction of propellant refueling, a refezerarchitecture is required that does not
utilize propellant refueling. In this study, theslbine ESAS lunar architecture is used as
a point of comparison. By utilizing a set of FONfsg impacts of propellant refueling can
be measured. The primary analysis presented iretsasdies focuses on a single
evaluation criterion. This is often the change aylpad capability, but this metric does

not consider the full impact of propellant refuglinThe effects on life cycle cost,
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reliability, and development risk, as well as paglaapability, must also be evaluated to
fully understand the total impact. The final shorting of these studies is that all but the
work done by Beinhoff has focused on either ouedatoncepts, such as the Space
Shuttle, or on re-useable architecture elementsithisr scenario is a part of the next step
in NASA'’s exploration program.

The work presented in this thesis will attemptpi@vide a more complete
investigation as to the potential benefits and tloat would be associated with in-space
refueling and examine how it would apply to NASAturrent vision for space

exploration. The results of this study will answes following questions:

* What improvement in lunar surface payload can leeaed?

* Is there an improvement in the overall life cyobstcof the program?

* Can the mission success and overall reliabilityniygroved?

* Does this capability provide an easier pathwayth@oexploration missions?

* Is low cost propellant delivery realistic at theaqgtities required for exploration?

* Is there a transportation architecture that cartiteinom in-space refueling?

2.3 CURRENT PROPELLANT REFUELING TECHNOLOGY DEVELOPMENT

In addition to understanding how propellant refugl could benefit future
exploration missions, it is also important to ursdi@nd the feasibility of this new
technology and the development risk associated mvaturing it to the appropriate level.
There are nine main areas of focus associatedthetdevelopment of in-space cryogenic

propellant refueling [21] as shown in Figure 11eTdurrent research has focused on how
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the fluid could be transferred in a zero-g enviremimand how propellant boiloff can be

controlled through both active and passive systems.

Active Slorage
[Zero Boil-Off)

s Mining
Destrafification s T

Figure 11: Cryogenic Fluid Management Key Concepts

The ability to develop these systems will be eSakto the viability of propellant

re-fuelling as a long-term solution to the growmggeds of future exploration missions.

2.3.1 IN-SPACEPROPELLANT TRANSFER TECHNOLOGIES

There are several methods that provide the capatailtransfer fluids in a zero-g
environment. The ability to transfer propellantgach an environment is not a new
technology and is routinely done in today’s spaperations. Propellant is transferred
from tank to engine and, in some cases, from tartkrik. The ability to make and break

the fluid transfer interface is what makes this difficult because little has been
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developed in this area [22]. It should be noted, théile little advancement has been
made on the side of US space operations, the RuSpiace Agency had began using this
technology in the late 70s to re-fuel the Salyut@pStations [22]. While this technology
may not be directly applicable to current fluidnséer operation, it does provide a proof
of concept that fluid transfer can be obtained izemo-g environment for storable
propellants. The most notable fluid transfer testfgrmed to date by NASA is the
Orbital Refueling System that was tested on ST$&423]. This experiment made six
successful transfers of 142kg of Hydrazine betwego separate tanks. An extra-
vehicular activity (EVA) was also performed to ceoh a fluid transfer line to a
simulated satellite valve. There are significantfedences between hydrazine and
cryogenic fluids, but this was a significant initeechievement.

The simplest concept for cryogenic fluid tranggethe transferring of propellant
through either linear or angular acceleration. His tcase, the propellant is transferred
from one tank to another through simple gravitaidorces [24]. An example of a linear
acceleration system is provided in Figure 12. Giaemne foot diameter transfer line and
a 10" acceleration environment, the fluid transfer of . Mould occur at a rate of 8
Iom/sec [24]. The disadvantage with this type @ingfer system is that a propulsion
system is required that is capable of maintainireggravitational field for several hours.
This type of system may not be realistic for lapgepellant transfer. In that case, a pump

or pressure system may provide a more effectivenmeébfluid transfer.

52



VENT TANKER VEHICLE

ULLAGE
ACCELERATING ENGINES

ACCELERATION By . TRANSFER LINE
AND VALVE

LH,

ULLAGE /

Figure 12: Linear Acceleration Fluid Transfer Teicjue [24]

Boeretz outlines several non-acceleration opttbas may be more applicable to
large propellant transfer needs [24]. These optinokide the use of an inert or boiloff
gas as the pressurant, a low net positive sucia hransfer pump, and a gas generator
pressurization option. The author points out that $election of one of these methods
greatly depends on the quantity of propellant totla@sferred, the availiable transfer
time, and the propellant fluid type. Additional easch is required in each of these areas
to more accurately determine the best option.

One of the most promising concepts for cryogemapellant transfer is “no-vent
fill"[23]. In this system the propellant is presgad with its own vapor pressure and then
liquid sub-cooling is used to return the remainiagor back to a liquid at a small cost of
propellant. In this case only minimal venting ofopellant is required. Large-scale
ground testing of a LH2 no-vent fill system hasrbeenducted utilizing near flight ready
hardware. These tests have shown that a 90 petcamtfer of propellant can be

achieved. To date, no in-space demonstration hars cenducted.
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2.3.2 LONGTERM PROPELLANT BOILOFF MITIGATION TECHNIQUES

Propellant boiloff mitigation can be achieved tgh the use of both active and
passive systems. Passive techniques such as aydti-insulation (MLI) and vapor-
cooled shields have a more mature development dbtive systems, but they can not
achieve zero boiloff levels. The current state fed &rt in passive insulation can limit
propellant loss of liquid hydrogen (LH2) to appnmstely three percent per month [21], a
level that would not be insufficient for long-termpnopellant storage. An active thermal
management system uses cryo-coolers to keep theelf@ot below its vaporization
temperature. A cryo-cooler is a refrigeration systeesign to maintain cryogenic
temperature levels. In this case, near zero boilefels are achievable over long
durations. An active system requires additionalicierdry mass, but studies have shown
that this additional mass can be offset by the @itapt savings within as little as seven
days [21]. Chato describes the technology readiteasd of advanced passive thermal
management methods to be around five and of asjistems to be between three or four
depending on the propellant selected. These TReldevould be advanced to six, the
minimal level NASA will consider, through a limitedumber of tests in a LEO
environment.

The Marshall Space Flight Center (MSFC) has lautitst bed that has been used
for developing more efficient active and passivsulation systems. The initial work
done using the test bed focused on a materialainol that used in the Shuttle External
Tank (Isofoam SS-1171) [25] to protect during grdunolds and ascent. The results of
this study showed that a 41 percent heat leak tintucould be achieved with 25 fewer

MLI layers than to that of the best previous MLIrfjoemance using variable density
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MLI. Recent work utilizing the hydrogen test bedsHacused on the development of
active zero boiloff systems. The system was ablehtow that LH2 could be maintained
at zero boiloff levels for the life of the cryo-decs at a 25, 50 and 90% fill of the storage
tank. The system has not been flight qualified lmas it been developed to a flight ready
level. The test provided evidence that zero boilsffobtainable. The issue now is
developing a system that can reach these leveflsmintimal mass so that active thermal
management systems provide a more attractive offtamcurrent passive systems.
Schuster has provided four conceptual-level dasignactive propellant cooling.
These systems use hydrogen boiloff that is paskemlidh vapor-cooled shields to
regulate the environmental temperature [26]. A sdltec for each of these systems is
provided in Figure 13. Concepts one through theela minimal amount of boiloff that
is stored for use in tanking, while the fourth ipiefies all boiloff propellant reaching
zero boiloff conditions. An additional pumping st is required for propellant transfer.
Based on the assumptions of this study, the fostept is preferred from a development
standpoint because it offers the lowest estimage@ldpment and production cost since a
refrigeration system is not required. It does resula 0.2% boiloff per month which

would likely increase the price of propellant besmmore launches are required.
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Figure 13: Boiloff Management Concept Schemati& [2

Platcha conducted a study in 2004 to test zermthaihpabilities in a thermally
relevant environment. The experiment used both lbihdl cryo-coolers to control the
internal pressure of the storage system to pretenheed of propellant venting. The use
of both and active and passive system may provice@ optimal solution. The MLI is
able to reduce the heat that reaches the cryofjardahus reducing the heat that must be
removed by the cryo-coolers. The test was perforameter a vacuum at 230K with flight
ready components where applicable; a detailed eaerof this test can be obtained in
reference [27].

A number of recent efforts have been presentedpriavide the current
development state of propellant refueling technieleg These efforts have primarily
focused on fluid transfer and long term propellstarage. The Orbital Express satellite
demonstrated that automated docking and fluid feangas possible in LEO. However,
only storable propellants were tested by this systadditional research and testing is

required to verify that a system can be develomegrovide cryogenic fluid transfer.
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Considerable work has also been performed by Rlasctu the Marshall Space Flight
center to advance the development of zero-boiletthhologies. Both development
projects have show that zero-boiloff of LH2 candmhieved. However, both test beds
were performed on the ground, and future developnsemeeded to develop a flight

ready and flight weight system that could be usedetify the technology in LEO. These

test demonstrations have shown that propellaneliefy technologies are obtainable in
the near future. While the development risk of éhtexchnologies is not zero, the current

development effort has greatly decreased the risk.

2.4 COMMERCIAL LAUNCH INDUSTRY

One of the major requirements of propellant refgeis the ability to provide the
large quantities of propellant to LEO that can tHma: utilized by the architecture
elements. This propellant must not only be providegossibly large quantities on a
regular schedule, but it must also be delivered dbw enough” cost that it remains a
viable option for future exploration missions. Thtsidy will not focus on the cost of the
propellant in LEO nor by whom it is provided, batthher assume a range of cost for
deliver the propellant needed or each mission. fbitlewing section will outline the
current launch vehicles in both the United Stated @ternational commercial launch
markets. It will also outline the emerging industifyresponsive space launch vehicles

that promise to offer access to space at a mucérlowst than is possible today.
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2.4.1 DELTA FAMILY OF VEHICLES

The original Delta class launch vehicle was a\@¢ive of the Air Force’s
ballistic missile Thor. In 1959, NASA contractedttvDouglas Aircraft to build 12 Thor-
Delta rockets that would be used to launch NASAIstfseries of scientific and
exploration payloads [28]. Over the next 50 yetrs,Delta family of vehicles would be
the main launch system used for all scientific aeodnmunication satellites. Boeing
Integrated Defense currently operates two clasé&elta launch vehicles: the Delta Il
and Delta IV. The original Delta was made obsolata the development of the Delta II,
and the Delta Ill has been retired due to lack emdnd in the commercial
communication market. The Delta Il began servicgd989 and has incurred only a single
failure in its first 100 flights [28]. The Delta I¥degan flights in 2002 and has currently
conducted six successful launches of the Delta I¥Mdium payload). The Delta IVH
(heavy payload) experienced a partial failure dyiiis maiden flight that prevented it
from reaching its desired orbit. A summary of thapability of these vehicles can be
found in Table 3. The Delta IVH, which is in thedi testing stages, offers to provide a

much larger payload capability at a lower $/Ib.

Table 3: Delta Family Launch Vehicle Summary [29]

Payload [lbm] Launch Price [$M] Cost/Pound [$/Ib]Success Rate

Delta 11 -7320 6,300 40 6,300 108/110
Delta Il -7925 10,900 52 4,700 108/110
Delta 11 -7920 11,300 50 4,400 108/110
Delta IVM 14,900 70 4,700 6/6
Delta IVM+ 22,700 100 4,400 6/6
Delta IVH 45,200 140 3,100 0/1
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2.4.2 ATLAS FAMILY OF VEHICLES

The Atlas launch vehicles can also trace theirtohys back to the early
development of Inter-Continental Baltic MissilesCBM). In 1953, the Atlas rocket
program was given the Air Force’s highest priotityaccelerate it development efforts.
In 1955, the program was given the highest natideaklopment priority due to reports
on the status of the Russian ICBM program. Theh987, the first six Atlas D ICBMs
were activated, operating out of Cooke Air Forcesd8aThese ICBM would later be
converted into launch vehicles capable of delivgepayload into Earth orbit. The Atlas
D was first used as a delivery vehicle during therdry capsule program. The first
commercial Atlas rocket was developed after the71&&sh of the Space Shuttle. The
program would develop four commercial launch vedsclvith progressively increasing
payload capability. Today, only the Atlas V is Isiil operation, though there are many
derivatives of this vehicle with varying payloadaailities and cost as shown in Table 4.
The Atlas V has conducted nine out of ten succéfligftits, including the launch of the

Mars Reconnaissance Orbiter and the New Horizom® RIission [30].

Table 4: Atlas V Launch Vehicle Summary [29]

Payload [Ilbm] Launch Pric [$M] Cost/Pound [$/Ib] Success Rate

Atlas V - 501 9,000 85 9,400 13/34
Atlas V — 531 15,200 100 6,600 13P¥4
Atlas V — 551 18,000 110 6,100 13P¥4
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2.4.3 ORBITAL SCIENCES FAMILY OF VEHICLES

Orbital Sciences’ new class of launch vehicles @esigned to offer a lower
launch cost than current launch providers. Thesécles, however, offer a much smaller
payload capability than many of the current laumehicles, as can be seen in Table 5.
These vehicles are able to achieve a lower launshtbrough the use of similar stage
components. They also utilize decommissioned Pespsk and Minuteman missile
hardware to decrease the production cost. Whilsetlvehicles experience a higher $/Ib
for payload delivery, they are able to offer a loweerall launch cost for the smaller

satellite launch market.

Table 5: Orbital Sciences Launch Vehicle Summasy [2

Payload [Ilbom]  Launch Price [$M] Cost/Pound [$/Ib] Success Rate

Pegasus 980 20 20,000 35/38
Taurus 2110 3,950 35 8,800 7/8
Minotaur 1,350 19 14,000 77

2.5 INTERNATIONAL COMMERCIAL LAUNCH INDUSTRY

In addition to the main US launch providers, thisra large list of international
launch companies that can offer similar launch bdipas. In some cases, these vehicles
can offer a lower launch cost, but in general theggcles offer a similar launch cost to
that of the United States launch providers. Théowahg sections outline some of the

major international launch providers.
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2.5.1 ARIANE LAUNCH VEHICLES

The Ariane launch vehicles were originally desmnby Arianespace, a
commercial subsidiary of the French Space Agenaytr€eNational d’Etudes Spatiales.
Today the European Space Agency (ESA) works closély Arianespace to coordinate
all launches of the vehicles. The Ariane 1 wag fasnched in 1979; since then, there
has been a total of five Ariane launch vehicleg tlteve completed over 150 missions.
Today only the Ariane 5 is still in operation. TAgane 5 launches from Guiana Space
Center, which has approximate latitude of zero eegyr This allows the Ariane 5 to
optimize its geostationary transfer orbit payloaditadoes not have to waste energy to
change inclination. The Ariane 5 has almost theesg@ayload capability as the Delta
IVH and can be offered at a slightly lower launcbstc While the Ariane 5 has
experienced four failures during its life timeh#ds not experienced a failure in its last 20

launches. A summary of the Ariane 4 and 5 is predich Table 6.

Table 6: Ariane Family Launch Vehicle Summary [29]

Payload [lbm]  Launch Price [$M] Cost/Pound [$/Ib] Success Rate

Ariane 4 - 40 4,600 60 13,000 97/100
Ariane 4 - 44P 7,600 80 10,500 97/100
Ariane 4 - 441 10,800 100 9,300 97/100
Ariane 5 39,600 120 3,000 30/34
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2.5.2 RUSSIAN LAUNCH VEHICLES

In the addition to the Soyuz rocket, the Russipac® Agency offers a series of
crew and cargo launch vehicles that are used teclanon-human cargo into Earth orbit.
The Soyuz’s primary mission is that of humans,ibwddition to human missions it has
performed numerous cargo missions. Two of the rmostmonly used Russian rockets
are the Proton and Kosmos 3. The Proton has floven 800 times and is in the same
category as the Delta IV H and Ariane 5, deliveiimgxcess of 40,000 Ibm to LEO. The
Kosmos has a payload capability of around 3,000 &wd has been providing cargo
launches since the mid 1960’s. Both of these vebibhve better than a 95% success rate

and offer some of the lowest launch costs. A surgro@ithese vehicles is provided in

Table 7.
Table 7: Russian Launch Vehicle Summary [29]
Payload [Ilbm]  Launch Price [$M] Cost/Pound [$/Ib] Success Rate
Proton D1 46,000 85 1,850 288/300
Kosmos 3M 3,300 12 3,600 420/440

2.5.3 ASIAN LAUNCH VEHICLES

There have been a number of launch vehicles deedldy China, Japan, and
Korea in the last 20 years. These include the LMdagch series developed by China, the
H series by Japan, and the KSLV in South Koreaaie of these vehicles is provided
in Table 8. The payload capability of these velsicle comparative to the other

international countries discussed, though they hgateto develop a 40,000 lbm class
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vehicle. Their launch price is somewhere betweenRhssian launch vehicles and the

Ariane V.
Table 8: Asian Launch Vehicle Summary [29]
Payload [Ilbom]  Launch Price [$M] Cost/Pound [$/Ib] Success Rate
Long March 8,500 40 4,700 20/24
H-11A 202 8,800 100 11,300 12/13
H-11A 222 20,900 140 6,700 n/a

2.5.4 USRESPONSIVELAUNCH VEHICLES

In this work, the classification of a Responsiy@& Launch Vehicle will include
those which are being developed to significantlpriave the cost of accessing space. An
example of these companies includes SpaceX, Rdekete Kistler (RpK), and Air
Launch. These companies have all been foundedvaengepreneurial enterprises that
claim to be able to achieve a lower development@etational cost than either NASA
or the larger commercial companies. They claimeable to do this by streamlining the
development and operational processes. This casldltrin launch costs that can be as
much as 75% less than what is currently availabté today’s launch vehicles. The
drawback with these companies is that they do awé fany operational vehicles. SpaceX
has conducted four test launches with the fourthieztng a successfully orbital
insertion. SpaceX has completed its testing phadendll begin commercial operation in
2009 [32]. A summary of SpaceX’s three main laurehicles is provided in Table 9.
Once these vehicles begin operation, their godllvilto prove to the industry that they

can achieve the cost and reliability numbers thapaomised.
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Table 9: Responsive Space Launch Vehicles

Payload [Ilbom]  Launch Price [$M] Cost/Pound [$/Ib] Success Rate

Falcon | 1,508 7 4,600 1/4
Falcon 9 21,800 35 1,600 n/a
Falcon 9 H 62,608 90 1,500 n/a

* testing phase, final test scheduled for thirdrtgraof 2008

2.5.5 NASAEXPLORATION ARCHITECTURE ELEMENTS

In addition to the numerous commercial launch camngs that could provide
propellant to NASA'’s exploration architecture, taechitecture itself could be used to
provide propellant to LEO. The cargo launch vehiws a payload capability of 100,000
Ibm to LEO in addition to the 225,000 Ibm of TLIgpellant it also delivers to LEO. This
equates to 325,000 Ibm of potential propellantveeli capability which could be used
for various propellant refueling activities. Itnet clear what the propellant needs of the
architecture will be or what the marginal cost ofaditional launch would be, but the
CaLV could potentially provide the lowest cost petnt delivery option with a
possibility of achieving a marginal cost of lowdrah $1,000/Ib. Utilizing the CalLV
would not help NASA promote the commercializationspace and would require the
architecture to increase its flight rate every fgars, but neither of these are potentially
detrimental to this design option. A range of valig provided in Table 10 because the
true costs of the CaLV are not publicly availablase 1 represents an estimate of the
marginal cost of a CaLV assuming an 80/20 splitveeh the fixed and variable cost.

Case 2 is an estimate of the Theoretical First OriJ) costs, and Case 3 is the unit cost
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after the 28 launch assuming a learning curve rate of 90%.r#ér investigation of the

cost of the CaLV will be provided in this thesis.

2.5.6

Table 10: Cargo Launch Vehicle Delivery Capability

Payload [Ilbom]  Launch Cost [$M] Cost/Pound [$/Ib]

x

CalLV (1) 325,000 200 600
CalLV (2) 325,000 700 2,200
CaLV (3) 325,000 440 1,350

* Estimated launch costs

RANGE OF $/LB CONSIDERED FORPROPELLANT REFUELING STUDY

The results of the previous sections showed teetare a number of potential

launch providers available that offer a varyinggaof capability and price. These launch

vehicle have demonstrated reliabilities that rafgen 0.83 — 1.0, but most launch

providers can demonstrate a reliability greatent®®5 (Figure 15). The results in Figure

14 and Figure 15 show a summary of the resultb®@forevious sections. These figures

provide a comparison of capabilities between thetddnStates and the International

launch Industry.

There are a number of factors that that must besidered when selecting a

propellant refueling launch provider. When a singkyload is launched, such as a

satellite, the most important factors are to sdleetlaunch vehicle that has the capability

to deliver the payload at the lowest possible prdeile achieving the minimally

acceptable launch reliability. Because propellantai more fluid medium, it can be

delivered over a greater number of launches asgumistorage depot is available in
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LEO. Therefore, the most important factor to coasits not the launch price or the
payload capability but rather the cost per pountb#o NASA. The weight of the
propellant deliver system will reduce the amounpadpellant that can be delivered to
LEO. This can potentially increase the cost ofwaelng propellant.

The results in Figure 14 demonstrate how the &lpayload delivery decreases
as the capability of the launch vehicle increa3é& same trend is seen for both US and
international launch vehicles. The US launch vesicdienerally offer a lower $/Ib for the
small to medium class of launch vehicles while ititernational launch vehicles offer a
lower $/Ib for vehicles with a payload capabilitiy 40,000 — 50,000 Ibm. In either case
the difference between the two are small, exceptvio notable exceptions, which are
marked with blue circles in the figure. These reprg the Russian Kosmos and Chinese
Long March launch vehicles. Both launch vehicle &lvke to achieve significantly lower

$/Ib than the US launch vehicle of the same paytzguhbility.
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Figure 14: Summary of $/lb as a Function of PaylGagability
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While the international launch vehicles can, imsocases, provide a lower $/Ib
than US launch vehicles, they have not demonstthedame level of launch reliability.
In all but two cases, the US launch vehicles prewvide highest demonstrated launch
reliabilities; these results can be seen in FigureThe Long March, which offers a low
$/Ib, has a demonstrated reliability of 0.83. Tisissignificantly lower than 0.98 — 1.0
reliability achieved by most US launch vehicles. iwhhis vehicle can demonstrate a
lower cost than its US counter part (Delta II), libsver reliability makes it a riskier
launch provider. Most other international vehidi@se a higher reliability than the Long
March, but all are lower than the US vehicles. €hsrno reliability probabilities quoted
for the responsive launch vehicle because theséclgshhave not completed their
development testing phase and have no commerciathaflights to reference. To date,
Space X has attempted four test flights of the dtald, and will begin operating
commercially in 2009. These vehicles have potembiaffer the lowest $/Ib, but there is

additional risk in depending on their development.
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Table 11: Summary of Potential Launch Vehicles

Payload [Iom]  Launch Price [$M] Cost/Pound [$/Ib] Success Rate

CalLV (1) 325,000 200 600 n/a
CaLV (3) 325,000 440 1,350 n/a
Falcon 9 H 62,600 90 1,500 n/a
Falcon 9 21,800 35 1,600 n/a
Proton D1 46,000 85 1,850 288/300
CaLV (2) 325,000 700 2,200 n/a
Ariane 5 39,600 120 3,000 30/34
Delta IVH 45,200 140 3,100 0/1
Kosmos 3M 3,300 12 3,600 420/440
Delta 11 -7920 11,300 50 4,400 108/110
Delta IVM+ 22,700 100 4,400 6/6
Falcon | 1,500 7 4,600 n/a
Delta Il -7925 10,900 52 4,700 108/110
Delta IVM 14,900 70 4,700 6/6
Long March 3 8,500 40 4,700 20/24
Atlas V - 551 18,000 110 6,100 13/14
Delta Il -7320 6,300 40 6,300 108/110
Atlas V - 531 15,200 100 6,600 13/14
H-11A 222 20,900 140 6,700 n/a
Taurus 2110 3,950 35 8,800 7/8
Ariane 4 - 441 10,800 100 9,300 97/100
Atlas V - 501 9,000 85 9,400 13/14
Ariane 4 - 44P 7,600 80 10,500 97/100
H-11A 202 8,800 100 11,300 12/13
Ariane 4 - 40 4,600 60 13,000 97/100
Minotaur 1,350 19 14,000 717
Pegasus 980 20 20,000 35/38
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A number of studies, some discussed in this chagiggest that achieving a low-
cost propellant delivery system is vital to thecass of propellant refueling and future
exploration architectures. These studies do notng detail as to what the price of
propellant would have to be in order to make prapelrefueling a beneficial part of
exploration systems. This work will define the priequired to provide an architecture
improvement to NASA’s exploration architecture. Jistudy will consider a range for
the price of propellant from $1,500 to $6,000/IiheT$1,500/Ib represents the quoted
potential of the Falcon class of launch vehicleke 6,000/Ib represents the average
launch price in today's market (Atlas, Delta) irased by 20 percent to account for
uncertainty in launch price and final payload calggb This range will be used
throughout the rest of this work to show the effdwt propellant price has on the
implementation of propellant refueling. It will al$e noted again that the introduction of
propellant refueling could provide the demand regflito make reusable launch vehicles
viable option for future transportation missionsisiwould ultimately drive down the
cost of delivering payload to LEO to less than $0/b [35], which would allow

propellant refueling to become and even more dit@solution.
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CHAPTER 3

PROPELLANT REFUELING DESIGN SPACE

This chapter will discuss the design space invatg) in this thesis. The design
space is defined as the set of all design optiemsidered for comparison. Included in
this study are both refueling and non refuelingigtepoints. A Morphological Matrix
[36] will be used to provide the inputs for thissdg space to the simulation environment
where the FOMs can be evaluated. This design spaptration will provide an
understanding of how the implementation of propellefueling can affect the design
NASA'’s baseline exploration architecture. A valuegosition for propellant refueling

can then be developed.

3.1 PROPELLANT REFUELING EVALUATION METHODOLOGY

The methodology employed in this thesis, to develop value proposition for
propellant refueling, can be broken down into theaeas. A flow chart for this
methodology is provided in Figure 16. Chapter 1ststed of a discussion of the current
exploration architecture and the major performaritalenges that have emerged during
its development. The introduction of propellantueding was suggested as a means to
mitigate these challenges. Chapter 2 providedeaaliire search on propellant refueling
that summarized the work done to date and provashethitial set of propellant refueling
concepts to investigate. These two chapters comghresfirst section of this methodology

and set the tone for why propellant refueling isgenvestigated in this thesis.
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The development of the propellant refueling dessgpace and the simulation
environment used to evaluate the impacts of prapelrefueling on the baseline
architecture comprise the second phase of the melibhgy. These will be outlined in
Chapters 3 and 4. Chapter 3 utilizes the infornmagjathered in the first two chapters to
select the set of design options and variablesecleo propellant refueling that provide
the greatest benefit to the design of the architectThe final set of nine variables is
discussed in Section 3.2. A morphological matrixgénerated from these variables to
establish the allowable values for each of thegiesariables. For example, the LSAM
ascent engine has four choices: Hypergols, LOX/CH®X/LH2 (pressure) and
LOX/LH2 (pump). The entire morphological matrices fScenarios One and Two are
provided in Figure 17 and Figure 18. This matrixca@npasses the entirety of the
propellant refueling design space that will be exgdl, and results in over 15,000
possible design combinations between ScenariosaDdelTwo. Chapter 4 discusses the
simulation environment developed to evaluate theces that propellant refueling has on
the baseline architecture. The effect on the hbasedirchitecture is measured by the
impact on the architecture FOMs presented in Chdpte

The final part of this methodology is to use thesutes generated from the
propellant refueling design space simulation touata the potential value added to the
exploration architecture. This will be presentedhie form of Pareto frontiers (Chapters 5
and 6), an improvement in the cost per pound ofgaalyto the lunar surface (Chapters 5

and 6) and the value proposition to NASA (Chapjer 7
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3.2 PROPELLANT REFUELING DESIGN SPACE

The propellant refueling design space represdmdsset of trades that will be
investigated in this work. There are nine inputsaldes for Scenario One and ten for
Scenario Two that create a design space of 15,000ellant refueling combinations.
These design options were selected based on thksre$ the literature search provided
in Chapter 2. These previous design studies prdvateinitial foundation for selection
the refueling option which will be evaluated thrbogt this dissertation. It is the goal of
this work to establish which of these potentiauedihg strategies provides the greatest
value to future exploration missions. The remainil@gign options were selected based
on particular concerns that have emerged during déeelopment of the baseline
architecture (AS engine selection, mitigation methand boil-off refueling) A set of
inputs is created by selecting a value from eaet @b the morphological matrix. For
example, the inputs in the second column repregenbaseline configuration (Figure
17). There are a number of designs where no pagaiéfueling is utilized. This will be
an important point of comparison in Chapters 5 &nd’hese points of reference will
show the improvements and drawbacks of introdugngpellant refueling into the
baseline architecture.

The morphological matrix is used to define theutspto the simulation
environment. In addition to the design variablesvted in Figure 17 and Figure 18, a
number of other design variables were initially sidered. These include the in-space
depot location, refueling the Service Module, atitizing the CLV 2" stage for the TLI
maneuver. Refueling the SM and utilizing the CLVitlas EDS were removed from this

study because it is unlikely the development of phepellant refueling technologies
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could be completed before these vehicles beganatiper The benefits of a lunar
stationed depot depend on the ability to providepplant from the lunar surface. A
feasibility study of in-situ resource utilizatioa beyond the scope of this thesis. These
three choices were therefore eliminated from caraitbn. There is potential value in
these options and they should be considered imefydgropellant refueling design studies.
The following sections provide a description of leatesign variable and the range of

inputs used in this work.

Additional Ascent 0 25,000 Ibs 50,000 Ibs 75,000 Ibs 100,000 Ibs
Propellant
EDS Boil-off
Mitigation ML MLI+Cryo
Lander Stage None Descent Ascent Both
Re-fueled
Lander Propellant 50% 100%
LSAM Ascent LOX/LH2 LOX/LH2
Propellant LOX/CH4 Hypergols (pressure) (pump)
Lander Boil-off
Mitigation MLI MLI+Cryo
LOI Burn Element EDS LSAM DS
LEO Requwed Stay 95 Days 15 Days
Time
Re-fuel Boil-off No Yes

Figure 17: Trade Study Morphological Matrix, Scen@ne
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Offload TLI
propellant (LOX) 0 25,000 Ibs 50,000 Ibs 75,000 Ibs
Offload TLI
propellant (LH2) 0 5,000 lbs 10,000 Ibs 15,000 Ibs
EDS Boil-off
Mitigation MLI MLI+Cryo
Lander Stage None Descent Ascent Both
Re-fueled
Lander Propellant 50% 100%
LSAM Ascent LOX/LH2 LOX/LH2
Propellant LOX/CH4 Hypergols (pressure) (pump)
Lander Boil-off
Mitigation MLI MLI+Cryo
LOI Burn Element EDS LSAM DS
LEO Required Stay 95 Days 15 Days
Time
Re-fuel Boil-off No Yes

Figure 18: Trade Study Morphological Matrix, Scendiwo

3.2.1 ADDITIONAL ASCENTPROPELLANT

The first design option allows an increase in #meount of propellant burned
during ascent on the Earth Departure Stage (EDShd baseline architecture the EDS is
initially used as a second stage to deliver the MSA LEO. It is subsequently used to
inject the LSAM, CEV and SM into a lunar approadjectory or Trans Lunar Injection
(TLI). A greater payload capability can be obtainkd fraction of the 225,000 lbm of
TLI propellant is used during the second stage lofithe EDS to inject in to LEO. If this
propellant is used during ascent, the EDS museHeeled in-orbit in order to have the
propellant required for the TLI burn. The ability burn additional propellant during
ascent increases the mission payload that the hawgtticle can deliver to LEO and thus
to the lunar surface. This work considers burnirggnf O to 100,000 Ibm of additional

propellant from the EDS during ascent. A greateoam of propellant could be burned
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during ascent, but the increase in payload capghbgi negligible, or in some cases
reduced because the system thrust-to-mass decrbasesicreasing the gravity losses.
The total payload capability versus the additiopebpellant burned is discussed in

Section 4.1.1.

3.2.2 BOILOFF THERMAL MANAGEMENT SYSTEM

The use of cryogenic propellants in the baselimitecture results in a loss of
propellant due to boiloff when propellant temperasugo below the heat of vaporization.
The baseline architecture utilizes a passive itisuasystem to reduce the amount of
propellant lost to boiloff. Since the passive systeannot completely eliminate boiloff,
the architecture must carry additional propellamtLEO in order to have sufficient
propellant to complete the mission maneuvers dmeeitew is delivered to LEO.

The boiloff thermal management system is usedettuce or eliminate the
propellant boiloff from the EDS and LSAM. Two thealmmanagement strategies are
considered in this study. The first is a passivsey that utilizes MLI blankets. The MLI
insulation reduces the heat flux from the extesralironment to the propellant and thus
maintaining a lower propellant temperature. Thisaiselatively simple system that is
currently used. MLI only limits the boiloff and caot eliminate it completely. The
second option is to implement a cryo-cooler with IMIn this case the cryo-coolers
actively remove heat from the tanks, keeping ttope@itant at a constant temperature. A
small number of MLI blankets are used to reducehbat that the cryo-coolers must
remove from the system. It is assumed that the-cogbder system results in zero

propellant boiloff [37]. The simulation has the ioptto put either thermal management
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system on the EDS, ascent stage of the LSAM andékeent stage of the LSAM. Since
each element carries different quantities of prhapéland for different mission times,
each may favor the selection of a different thermsnagement option. A mass
comparison between MLI and the cryo-cooler systemprovided in Chapter 5, which
will discuss the tradeoff between adding a more mer cryo-cooler system versus

utilizing a simple passive system and allowing teaseount of propellant to boiloff.

3.2.3 LSAM STAGE RE-FUELED

This design variable is used to trade the benefitsff-loading propellant from
the LSAM prior to launch. In the baseline architeet the Descent Stage contains 57,000
Ibm of LOX/LH2 and the Ascent Stage contains 9,180 of LOX/CH4. This design
variable will help to determine if there is a behef removing this propellant prior to
launch and refueling the LSAM once it reaches LBEcause the LSAM propellant mass
fraction is nearly 50%, the lunar surface payload be increased by decreasing the
initial propellant delivered to LEO; however, th8AM inert mass must grow (engines,
tanks, etc.) to deliver this extra payload to thear surface. In addition, the launch
vehicle shroud must increase in size and mass ¢onanodate a larger LSAM. The
increase in fairing mass was calculated by assumiognstant mass per surface area for
the fairing design. The baseline fairing design waed as the point of reference and a
value of 1.998 Ib/ft was determined. Utilizing this value along witte thurface area
provides a means of estimating the mass of theedaiaring design. A sample set of
masses is provided in Table 12. The size of thedaas a function of payload mass will

be discussed in Section 3.3.2.
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Table 12: CaLV Fairing Mass Estimates

Fairing Diameter Fairing Mass
275 ft 10,552 Ibm
30 ft 11,670 Ibm
33 ft 13,052 Ibm

This study considers four options for refueling tSAM: only the descent stage,
only the ascent stage, both stages or neither .sfggse combinations will allow a
number of propellant quantities and propellant sype be considered. The more stages
and propellant types that are involved in the ti@mghe greater the cost and risk to the
architecture, but the greater the possible ben€fie size, complexity and cost of the
propellant depot is a function of the type of pitg, the number of propellants, and the
quantity that is required by the architecture. AHar discussion of the propellant depot
will be presented in Section 4.3.3. If both LSAMges were re-fueled from the baseline
LSAM design, the propellant storage system woulddn® be designed to carry three
propellant types with three transfer systems. Hamevf the ascent stage used a
LOX/LH2 system instead of LOX/CH4, than only twostge systems would be needed.
Section 3.2.5 will discuss which propulsion systemeye investigated for use on the

LSAM.

78



3.2.4 LANDER PROPELLANT QUANTITY RE-FUELED

The baseline architecture delivers both stageth®fLSAM to LEO with full
propellant loads. The previous section discussedajption of offloading the LSAM
ascent and descent propellant and refueling itB® Lbut this variable only determines
which stage and not the amount of propellant offemh This section will discuss the
guantity of the LSAM propellant that is offloadethe design variable has the option to
refuel either 50 or 100 percent of either stagghefLSAM depending on which options
are selected for refueling. The baseline utilizegerfueling on the LSAM. This case is
established by the previous design variable wheon®l is selected. Therefore a zero
percent option is not required here and reduceditipdication of results. The greater the
amount of propellant offloaded the greater the @aylimprovement but the larger the
cost to the architecture. By selecting which stage what percentage of the stage is re-
fueled a large number of refueling combinations ten considered. This will help
provide a complete picture of the cost of improvitigg payload capability of the

architecture through propellant re-offloading.

3.2.5 LSAM ASCENTENGINE

The LSAM ascent engine is the only propulsion sysé#lowed to change during
this study. The propulsion systems on the CalLV descent stage of the LSAM were
held constant. The propulsion systems on the Cald/descents stage of the LSAM are
high performance LOX/LH2 engines and are requiedneet the mass goals of the
architecture. The main draw back of these systeantheir higher rate of propellant
boiloff. The introduction of propellant refuelingay eliminate this concern. There is no

reason to trade this design variable because paopekfueling will only improve what

79



has already been selected as the best option.steateengine is allowed to vary because
it is the one propulsion system still being anatiyZer it potential effects on the
architecture. Further performance, risk and cosiyars is being conducted before the
final engine design is selected. Allowing this emggto vary will also provide additional
insight into how propellant refueling can effectetlselection of certain engine
configurations.

There are currently four propulsion systems beingsidered for use on the
ascent stage of the lander. A summary of thesenengmrameters is provided in Table
13. The first is the use of NTO/MMH (Hypergols). éde engines have the lowest
specific impulse of any of the engines considered avould require additional
development work, but exhibit no significant prdaet boiloff. The second engine
considered is a LOX/CH4 engine. This is the baselliesign selected for the ESAS
baseline architecture. This engine requires thet mmbganced development work because
a LOX/CH4 engine has never been flight tested. H®wnea recent test firing of a
methane engine has been completed [38]. The LOX/G@Hgine has a higher
performance than Hypergols engine and a lower fiailde then a LOX/LH2 system.
This engine was originally selected because ithedieved to have a greater extensibility
to future Mars missions. The final two engines laBX/LH2 systems; both pressure and
pump fed engines are considered. These two sysieansategorized by their method of
feeding propellant into the thrust chamber. Thesguee fed system utilizes an increased
tank pressure while the pump-fed system utilizegh henergy pumps. The trade off
between these two systems is the additional conplard mass of the pump-fed system

versus the increased tank mass of the pressurg/stem [39]. The summary in Table 13
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illustrates the difference in Tinflb/lbm) and tank pressure between these two syste

The LOX/LH2 propulsion systems offer the greatestiqrmance, but also results in the
greatest amount of propellant boiloff because hgeno has the lowest heat of
vaporization. The analysis in Chapters 5 and 6 eigcuss how the payload capability

and costs of each of these systems affects thalbaechitecture.

Table 13: Summary of Ascent Engine Assumptions

Propellant Isp[s] T/m Thrust[lbom] Tank Pressure [psi] O/F

NTO/MMH 323 30.4 9,300 250 1.65
LOX/CH4 361 28 9,060 350 3

LOX/LHZ2 (pressure) 460 28 9,890 350 6
LOX/LH2 (pump) 463 38.8 8,970 50 6

3.2.6 LOI MANEUVER

The baseline ESAS architecture uses the Descage Sif the LSAM to insert
itself, the CEV, and Service Module into a circulaw-lunar orbit. This three burn
maneuver, called the lunar orbital insertion (LQdjpvides global access to the lunar
surface. This architecture design was selected itomize the required payload mass
capability of the EDS, for LEO and TLI insertioriadure 3).

When a propellant depot is used, the TLI propéltam be offloaded (as much as
100,000 Ibm) from launch to LEO insertion. This XD |bm constraint was placed on
the design to limit the total propellant cost te #rchitecture and the total size of the

payload delivered to LEO. Chapters 5 and 6 wilcdss how offloading this propellant
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affects the design of the architecture and willvghtbat the Pareto-efficient solutions
always utilize less than 100,000 Ibm of propellantLEO, the EDS can be re-fueled to
perform both the TLI and LOI maneuvers without aolganges (except re-fuel
capability). Using the EDS to perform the LOI mameugreatly reduces the size and
mass of the LSAM that must be used to descendetdutiar surface. As will be shown
later, the elimination of the TLI propellant frorhet EDS and incorporation of the LOI
maneuver significantly increases the lunar surfaadoad capability of the architecture.
In this study the LOI maneuver can be performectitiyer the Descent Stage, as on the

baseline architecture, or by the EDS.

3.2.7 LEO REQUIRED STAY TIME

One of the issues with the baseline architectsirtnat there may be factors that
delay the planned launch time of the second velid This can lead to substantial
propellant boiloff or the need for large cryo-caokystems on the EDS. If the time
between the launch of the CalLV and CLV exceed therbit design limits of the EDS,
the mission will be canceled. Thus the EDS and LSWilll be lost because there is no
planned refueling capability. In the current pléme risk of losing a mission due to a
launch delay is mitigated by placing a requirem@mthe architecture that the EDS and
LSAM must carry enough additional propellant to @othe boiloff losses for the LEO
loiter time. In this study both 15 and 95 day Ioitenes are considered. Because the
boiloff losses are largely dependent on loiterbal@y loiter time requires approximately
six times the propellant or nine percent of the Prbpellant over the 15 days. The

propellant boiloff for the EDS and LSAM for both1®d and 95 day loiter period are
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provided in Table 14, these values are obtaineth ftbe boil-off model used in this

thesis. .

Table 14: LSAM and EDS Propellant Boiloff Compariso

LSAM EDS
Loiter Time  LOX/LH2 LOX/CH4 Hypergols LOX/LH2
15 Days 1,080 Ibm 1,030 Ibm 890 Ibm 3,785 Ibm
95 Days 6,360 Ibm 6,060 Ibm 5,370 Ibm 23,900 Ibm

The analysis done by Cirillo [40] shows that tlesdline architecture can obtain a
mission reliability of 75-80 percent with a 15 daiter requirement verses a 95 percent
mission reliability for the 95 day design. The ldngf the loiter period has a substantial
effect on the design of the architecture. A lonigiter period increases the amount of
propellant that must be delivered to LEO, but pdegi the highest mission success, while
a shorter loiter period reduces the payload reqerds at the expense of a lower mission
success probability. The introduction of propellegftieling can remove the need to carry
additional propellant to LEO while also improvingetmission success probability. The
loiter time would become infinite if there were riplle sources for filling the propellant

depot as defined in the following section.

3.2.8 RE-FUEL BOILOFF
A strategy for preventing mission failures assdavith excessive LEO loiter is

to develop cryogenic cooling system technology ttet reduce or totally eliminate
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boiloff. Another strategy is to allow the boilofd bccur and re-fuel this propellant just
prior to TLI. This second strategy eliminates theea to develop large cryo-cooler
systems that are discarded every flight and stdiviole for an extended LEO stay time.
The boiloff is less than ten percent of the prapdlidelivered to LEO, but would have
the potential to save billions of dollars in cageaanission delay. The capability to re-
fuel the boiloff would extend the LEO loiter peridor any length of time assuming a
sufficient supply of propellant to the depot. Thisuld eliminate the need to design the
architecture around a specific loiter period prawgdan increase in payload capability, a

lower LCC and a greater mission reliability.

3.2.9 TLI PROPELLANT OFFLOADED FROM EDS, SCENARIO TWO ONLY

The final design variable is only used in Scendne and replaces the design
variable in Scenario One used to increase the atmmfupropellant used during ascent
(Section 3.2.1). This design variable allows thd ptopellant to be off-loaded from the
EDS prior to launch resulting in a decrease in plagload delivered by the CalV.
Scenario Two allows the size of the launch vehiolelecrease as the LEO payload is
decreased. As a result, offloading the TLI prop#llavill decrease the size and
development and production cost of the CaLV.

A range of 0 to 80,000 Ibm of LOX and 0 to 20,00& of LH2 can be offloaded
from the EDS. An example of how this affects theesof the CaLV is provided in Table
15. The amount of propellant was limited to themeges to keep the gross mass of the
CaLV within 20% of the baseline design. Increadimg amount of propellant offloaded

beyond these ranges would begin to require cordigur changes, because of the overall
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decrease in size of the CaLV. Since the baselimfigioation was held constant in this
thesis, values outside of these ranges were nsideEmed. This also provided a maximum
offloading of 100,000 Ibm which was the maximum amioof propellant refueling

considered in Scenario One.

Table 15: Change in CaLV Dimensions as TLI Propmlia Offloaded

Gross Mass [lbm] Length [ft] Diameter [ft]
Baseline 6,390,000 358 13.75
80,000 Ibm (LOX) 5,150,000 315 11.89
20,000 Ibm (LH2) 5,689,000 329 12.61
80,000/20,000 (LOX/LH2) 4,920,000 301 11.22

Offloading LOX allows a greater total mass to bmoged from the EDS, but
offloading the LH2 provides a greater improvememiagper pound basis. An example of
this is provided in Table 16. The primary caustheslower density of LH2 as compared
to the density of LOX. Offloading equal quantitiet each propellant will provide a
greater reduction in the in the size of the LH2k&rfurther reducing the size of the
vehicle. The EDS holds a maximum of 35,000 Ibm bi2Lpropellant, thus in order to
increase the offloaded mass beyond this quanti®X Imust be offloaded as well. The
results in Chapter 5 and 6 will discuss the traflbetween the cost of propellant in LEO

and the cost saving of decreasing the size of #i8/C
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Table 16: Offloading LOX versus LH2

Gross Mass [lbm] Length [ft] Diameter [ft]
20,000 Ibm (LOX) 5,802,000 338 12.99
20,000 Ibm (LH2) 5,689,000 329 12.61

This concludes the discussion on the design Viasathat are considered in this
study. These variables are input into the simutagiovironment in order to measure their
effects on the ESAS baseline architecture. Thisukitions environment will be

discussed in great detail in Chapter 4.
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CHAPTER 4
PROPELLANT REFUELING ANALYSIS AND

SIMULATION ENVIRONMENT

This chapter will focus on the development of pinepellant refueling simulation
environment used to evaluate the affects of praptllrefueling on the baseline
architecture. This simulation environment provié@sautomated process for evaluating
the design inputs discussed in Chapter 3. Thisrenwient models the effects that the
input variables have on the architecture elememdstiaen evaluates the resulting change
to the Figures of Merit. The results of this sintida environment can then be used to
begin developing an understanding of the total eatiintroducing propellant refueling
in to NASA exploration architecture. The resulisnfrthis simulation will be presented in

Chapters 5, 6 and 7.

4.1 MODELING AND SIMULATION ENVIRONMENT

The lunar architecture propellant refueling siniola environment was developed
using the ModelCenter [41] integration frameworkveleped by Phoenix Integration.
ModelCenter is a commercially availiable softwahatt provides an architecture for
passing information between different analysis neda this case, the models have been
developed using Microsoft's Ex&el The ability to automatically pass information
between the different models greatly reduces time tiequired to run each simulation.

After an initial setup, any number of simulationancbe run without any human
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interaction. An illustration of the flow of infornian within this environment is provided
in Figure 19, and the variables that are passeddest each module are provided in
Table 17. There are six analysis models and onalatian controller. The six analysis
models include the cargo launch vehicle, the luswaface access module, an in-space
propellant storage system, economic analysis, hiétia analysis and a technology
development risk assessment. These integrated e®(filgure 19) provide the analysis

needed to investigate the trade options presentetimorphological matrix.

Controller — <Inputs from Morphological Matrix >

!

A
CalV C D E F
B Lander < H ! J
) K
Re-fueling L M
Economics
Reliability
Risk

Figure 19. Lunar Architecture Simulation Environren
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Table 17: Summary of Variables Passed Between Apaly

CalLV payload capability (only active for Scena@ne)
Lander gross mass (only active for Scenario Two)
Propellant mass re-fueled on CalLV

Subsystem masses, mitigation method, # of engines

# of tanks, # of engines, propulsion system tygrek material
Mitigation method

Propellant mass re-fueled on lander

I @ m m OO @ >

Sub system masses, mitigation method, # of esgine

# of tanks, # of engines, propulsion system tyaek material
Engine type, mitigation method

Subsystem masses, mitigation method, dimensions
Number of propellant transfers

Refueling used (Y/N)

=S rr X o

The simulation runs from the top left to bottonghti and passes information
between the models signified by a solid line artdeak dot. The controller in the top left
is the link between the design choices and the lation. This controller translates the
design trades, developed from the morphologicalrimainto a set of inputs for the
various analyses. An example set of inputs is pewiin Table 18. These inputs

represent the baseline design and include no paspeéfueling options.
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Table 18: Case 1 from the Morphological Matrix

Additional Ascent Propellant 0
EDS Bolloff Mitigation MLI
Lander Stage Re-fueled None
Percentage of Lander Propellant 0%
LSAM Ascent Propellant LOX/CH4
Lander Boiloff Mitigation MLI

LOI Burn Element EDS
LEO Required Stay Time 95 Days
Re-fuel Boiloff No

The diagram in Figure 19 shows the flow of inforimatfrom the CaLV into the
LSAM, but this can be flipped depending on the acenbeing investigated. In Scenario
One the payload capability of the CaLV is deterrdinand this value is passed to the
LSAM, which calculates its lunar surface payloaghatality based on the maximum
allowable lander gross mass. In Scenario Two tharlgurface payload capability is kept
constant; therefore the lander is sized first, Hradtotal mass is passed to the CalLV to
determine the launch vehicle size required to delithis payload capability to LEO.
Once the design of these vehicles is completeatiaunt of propellant refueling required
is passed to the refueling analysis to size th@egllant storage system. Once the first
three analyses are complete, the design of thdtectire is set and the remaining
models are used to evaluate the remaining FOMs.ethaomic model takes inputs of
the vehicle mass from the CaLV, LSAM, and in-spdepot and determines the life cycle
cost of the campaign. The reliability model regsimeput of the vehicle characteristics

and number of times propellant is transferred agrkegates a loss of mission probability
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estimate for the architecture. The final risk asa\yprovides a relative risk assessment of
the design choices made on the CalLV, LSAM and thepace depot. The following
sections provide a more detail description of thalgsis completed within each of these

modules.

4.1.1 LAUNCH VEHICLE (CALV) MODEL

The cargo launch vehicle model is developed te #ie system to meet mission
and payload requirements and predict the inertgands mass of the system. A typical
launch vehicle model is comprised of configuratiaerodynamics, propulsion, trajectory
and weights and sizing disciplines [42]. The Destnucture Matrix (DSM) for a
standard launch vehicle model is provided in FigR@e The “configuration” analysis
provides design details such as the number of stabasic shape, and launch
configuration. These design choices are held caohsthuring this study so the
configuration analysis is removed. This DSM progidde breakdown of the model
analyses and where information passes between ffervariables passed between each
analysis are provided in Table 19. This processires iteration to converge to a design
point. Iteration is required when information isspiag in both directions between two
analyses. For example, an iteration loop is requivetween the Trajectory and the
Weights and Sizing analyses.

Because a computationally intensive Monte Camousation is performed, a fast
simulation is needed. Therefore, the trajectorgpplsion and aerodynamics model are
replaced with a meta-model in the form of a siregle@ation. For this present simulation,

the CaLV shape and thrust were held constant;ttieisnly variable affecting the CaLV
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performance, measured by the mass rati@idMMiina), is the mass that the CaLV must
deliver to the EDS staging point. In Scenario Twe total thrust is allowed to change in
the form of a reduction in the number of engineg,ib Scenario One this remains fixed.
The following section will discuss the process usedl the assumptions made in

developing this meta-model.

: A
Aerodynamics

B

Propulsion c

. D

Trajectory
) " I We_ights/
G F E Sizing

Figure 20. General Launch Vehicle Design Struchdadrix

Table 19: Summary of the Variables Passed betweatyses

Lift and drag coefficients, function of Mach aAagle of Attack
Thrust, Isp, Exit Area

O/F, T, Engine T/m, Isp

MR equired

Minitiat, Minert

T/Myitiat, Minitial

Vehicle Dimensions (length, diameter)

@@ M m OO m >
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In order to develop the meta-model representing@éredynamic, propulsion, and
trajectory disciplines, a number of converged viehdesigns must be obtained with the
original design tools. The original design toolsed in this analysis include the
Aerodynamic Preliminary Analysis System (APAS) [48]d the Program to Optimize
Simulated Trajectories (POST) [44]. The values floe propulsion systems remain
constant at the baseline values because theseesrdpnnot change in this study. These
values can be found in Table 21. The Weights amth¢ discipline utilizes historical
Mass Estimating Relationships (MERs) within an BEXcpreadsheet [45]. The MERs
are not replaced with the meta-model, but are rkeédeconverge each vehicle design
point.

The trajectory simulation requires aerodynamioppision, and initial mass data.
The APAS model provides the aerodynamics datadarfdaim of lift and drag coefficients
as a function of Mach and angle of attack. Twe sdtcoefficients are developed: one
with the solid rocket boosters attached and onbowit them attached. These tables of
coefficients are then used along with the refereare@, which is the cross-sectional area
for each configuration, to calculate the actual &hd drag. The reference areas are
provided in Table 20. It is assumed that thesdfica@nts remain constant to the baseline
configuration because drag losses are small, atiogufor only one percent of the total
performance. This assumption has little effecttlos design of the launch vehicle, but
allows the aerodynamics model to be removed froenatmalysis while its effect can still

be incorporated into the meta-model.
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Table 20: CaLV Reference Areas

With SRBs attached 825 ft
Without SRBs attached 597 ft

The propulsion data parameters (Thrust, Isp, Ae)held constant at the baseline
values. An estimate for the initial mass and staget mass is passed into the POST
model from the Weights and Sizing model. Gives ihformation, the trajectory can be
optimized to minimize the mass required to deli@especified payload into a 30 x 160
nmi transfer orbit. The procedure used to clogevithicle design is provided in Figure
21. A closed design is defined as a solution witeggoerformance (trajectory and mass)
analysis is converged to within a given tolerantkis requires an iterative solution

between the trajectory and the Weights and Siziodets.
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Figure 21. Procedural Flow Chart for the Trajectigigta-Model
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An initial set of mass estimates i{fa;, Miner) IS passed into the POST model;
these values initiate the iteration loop. Theewyry analysis is then performed to
determine the required mass ratio. Next, thisevadupassed to the Weights and Sizing
model, in which the vehicle is scaled to matchrdwuired mass ratio. The required mass
of propellant is calculated from the required m@d® and ideal rocket equation. This is

provided in Equation 1.

(M RRequired - l)M Initial
IleRequired

(1)

M propellnat:

Once the propellant mass is known, the tanks aatedcdo hold the required
propellant and the remaining subsystem inert magse<salculated. Based on the sub-
systems and propellant masses, the initial madstesmined. If this mass is the same as
the initial guess, then the vehicle is closedit i not the same as the initial guess, then
the new initial mass and inert mass are passed tmathe POST model and another
iteration begins. Once the vehicle design is dpske MRequired and the T/mita are
recorded. This process is repeated for a rangaylbads in order to change the Fim.
The response surface equation (RSE) ford\liRqverses T/miia. can then be developed
using a least squares regression. These curvgsafieed in Figure 23 and Figure 24 for
the ' and 2° stages, respectively. These meta-models can nouwsée to replace the
aerodynamic, propulsion and trajectory disciplires,shown in the final DSM provided

in Figure 22.
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Figure 22. Final CaLV Design Structure Matrix
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Figure 23. Trajectory Meta-Model for CaL V' Stage
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Figure 24. Trajectory Meta-Model for the EDS

This model can now be used to evaluate the impzEdise simulation inputs on
the CaLV. There are two design scenarios that effecdesign of the CaLV. In Scenario
One the introduction of propellant refueling is dise increase the lunar surface payload
capability, and in Scenario Two propellant refuglis used to decrease the size of the
CaLV while maintaining the same lunar mission cafgb

Under the assumptions in Scenario One, the comigun of the CalLV is not
affected by the introduction of propellant refuglimhis is because any reduction in the
mass of the in-space propellant delivered to LESdIte in a corresponding increase in
payload capability. This keeps the initial masdh&f CalLV constant. There is a special
case where the initial mass is affected by propeltafueling. When additional EDS
propellant is burned during ascent, the total payldelivered to LEO (LSAM + TLI

propellant) also increases, therefore increasiagrtiial mass of the vehicle. Because the
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stage thrust is held constant as the initial masases, the Timdecreases. This leads to
an increase in the required mass ratio.

In order to model the simulation in which addiabiEDS propellant is burned, a
second meta-model was created using the tools quelyi discussed. The POST
optimization was modified to maximize the payloapability for a given amount of
propellant rather then minimizing the propellanjuieed to deliver a specific payload.
The amount of propellant used by théstage was set to the baseline value of 2,201,119
Ibm. The amount of propellant used on the EDS \mas tvaried and the total payload
capability for each design point was determinece Tihal converged design points are
provided in Figure 25. The total payload capabilitgreases until an additional 150,000
Iom of propellant is burned. As additional propetlés used, the total payload begins to
decrease. This is due to the first stage being t@hdtant, and the staging condition for
the EDS being reduced. As additional propellantged, the initial mass of the CalLV
increases, which decreases the Tohthe f' stage. These additional gravity losses
reduce the staging condition between tfleatd 2° stages, both velocity and altitude.
Therefore the % stage must perform a larger portion of the toggjuired mass ratio.
Eventually the performance benefit of increasing upper stage ascent propellant is less
than the additional mass ratio that tf& #age must provide to achieve orbit. A velocity
plot of this trajectory is provided in Figure 26ata for the baseline design and Scenario
Two are also included to illustrate the differenceshe three trajectories. The reduction
in EDS staging conditions and the increase in perémce required by the upper stage is

clearly seen in these results.
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In Scenario Two, as the total LEO payload is desed, the total propellant
required to achieve the desired mass ratio alsoedses. The reduction in propellant
mass leads to smaller tanks which lead to an dvenadller CaLV. This results in a
decrease in the initial and inert mass of the ‘ehithe smaller inert mass leads directly
to a decrease in the development and productionaotdbe vehicle. This will further be
discussed in section 4.3.4. The decrease in imimds allows the number of engines to
also decrease in order to keep the ififgnas close to the baseline design as possible, but
never below. Achieving the exact Tiigy cannot always be achieved because the engine
thrust is held constant. The total thrust can drdyreduced by discrete quantities. This
results in a range of T/faa on the i stage of 1.5 — 1.8 and a range of 0.86 — 1.44en t
2" stage.

A mass comparison of the CaLV created in this rhadd the baseline design is
provided in Table 21. A further discussion of tlenparison of the baseline CaLV and
the model developed here is provided at the enthisf chapter. An example mass
breakdown for Scenario Two is provided in Tablet@2lustrate the decrease in vehicle

size that is achieved by reducing the TLI propeltelivered to LEO by 100,000 Ibm.
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Table 21: Cargo Launch Vehicle Mass Comparison

1% Stage EDS Boosters

ESAS Model ESAS Model ESAS Model
Burnout Mass (Ib) 215,258 215,474 50,360 50,835 ,Z34 221,234
Usable Propellant (Ib) 2,215,3852,201,119 488,370 493,029 2,869,812,869,812
Gross Mass (Ib) 6,393,9226,388,185 - -- -- -
LSAM Mass (Ib) 101,441 101,441
Total Vac. Thrust (Ib) 2,347,2452,347,245 549,000 549,000 7,680,24¢,680,246
Vac. Specific Impulse (s) 452 452 451 451 265 265
Diameter (ft) 27.5 27.5 27.5 27.5 176 176
Length (ft) 210 210 76.4 74 12 12
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Table 22: Cargo Launch Vehicle Mass Comparisonn&oe 2

1% Stage EDS Boosters

ESAS Model ESAS Model ESAS Model
Burnout Mass (Ibm) 112,632 215,474 32,940 50,835 1,224 221,234
Usable Propellant (Ib) 1,157,2552,201,119 218,181 493,029 2,869,812,869,812
Gross Mass (Ib) 4,949,9496,388,185 - -- -- -
LSAM Mass (Ib) 101,441 101,441 -- -- -- --
Total Vac. Thrust (Ib) 038,898 2,347,245 549,000 9,680 7,680,246 7,680,246
Vac. Specific Impulse (s) 452 452 451 451 265 265
Diameter (ft) 22.6 27.5 27.5 27.5 12 12
Length (ft) 171 210 60 74 176 176
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4.1.2 LUNARLANDER (LSAM) MODEL

The lunar lander model is similar to the CaLV siglogic with the exception of a
change to vacuum space flight. It is built usingapaetric relationships that allow
changes in the propulsion system, required missianeuvers, and payload capability to
be simulated. The LSAM model consists of Propulsibrajectory, and Weights and
Sizing disciplines. The aerodynamics analysis it neguired for in-space and lunar
maneuvers. The design structure matrix and flownfafrmation for the LSAM model is
illustrated in Figure 27 and Table 23. An additiomeration loop is required in order to
keep the T/W constant and allow a constant seelié/s to be used for the trajectory
model. The baseline ESAS configuration is againduseit the size of the vehicle is

allowed to adjust depending on the inputs to theeho

Configuration .A
B
Propulsion ® c
A I
. D
Trajectory 41

s We_ights/

E Sizing

Figure 27. LSAM Design Structure Matrix
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Table 23: LSAM Propellant Boiloff Comparison

Baseline configuration used
Isp
T, T/Wengine O/F, # of engines

Descent and ascent propellant

m O O W >»

Component masses

The propulsion model is responsible for providihg thrust, specific impulse,
oxidizer to fuel ratio (O/F), and Thyine Of descent and ascent engines to the trajectory
and iteration loop. This model keeps the T/m ofheatage constant by adjusting the
thrust and number of engines used by each propussistem. This analysis assumes that
the engines can be designed to minimize the efffiatta change in thrust has on specific
impulse. The design of the RL-10 has shown thalaively constant specific impulse
can be achieved over a wide range of thrust [4Bis @ssumption affects the total lander
mass or payload capability by less than five pdrcAnmore detailed engine model is
needed to completely capture the effect that diffeengine and engine sizes have on the
LSAM design, but this was not a focus of this wdrk.the baseline configuration, the
descent stage utilizes four RL-10 derivative engjittegenerate 60,000 Ibm of thrust with
a vacuum Isp of 460s. The baseline ascent propuksstem uses a LOX/CH4 engine,
but due to ongoing trade studies, three other plessiscent engines are considered. A
summary of these engines is provided in Table Z¥ere the thrust values represent the
initial engine data used. The T/W of the descert ascent stages is maintained at 0.6

and 0.45 respectively.
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Table 24. Summary of Ascent Engine Assumptions

Propellant Isp [s] T/ Thrust [Ib] O/F
NTO/MMH 323 30.4 9,300 1.65

LOX/CHA4 361 28 9,060 3
LOX/LH2 (pressure) 460 28 9,890 6

LOX/LH2 (pump) 463 38.8 8,970 6

The trajectory model requires the Isp from theppision model and the stage
inert masses from the sizing model to calculate ahmunt of propellant required to
perform each of the mission maneuvers. The destageé requires two calculations, one
for the LOI maneuver and the second for the luremcdnt maneuver, while the ascent
stage requires just the ascent maneuver calculalioa mass of propellant required is
calculated from Equation 1. The delta-V used faheaaneuver is provided in Table 25.
The propellant mass is then passed to the weigiitsaing model and will be used in

sizing the required propellant storage tanks.

Table 25. Lunar Lander Delta-V Table [ESAS, pg.]165

Delta-V Maneuver Delta-V [ft/s]
Ascent Delta-V 6,122
LOI Delta-V 3,608
Descent Delta-V 6,233
AS RCS Delta-V 144
DS RCS Delta-V 55
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A flow chart is provided in Figure 28 to outlinket process used to close the
LSAM design. An initial mass for the LSAM is proed to the model; this is generally
taken from the previous design point. From theahinass and delta-V table, an initial
estimate for the propellant mass is calculated.prbpellant mass is then used to size the
vehicle tanks using an empirical sizing routinet tfeectors in total propellant volume,
strength of the tank material and internal tanlspuee [47]. The engines are then sized to
maintain their require stage T/m. The remainingsyatems are sized based on historical
mass estimating relationships. The MERs for the MSske provided in Appendix B as a
reference. A new initial mass can then be calcdlaed compared against the initial
guess. If the two values are not equal the nevaimass is returned to the propellant
sizing step and the entire process is repeatede @wectwo values are with the required
tolerance the vehicle is considered closed for thedign point. A summary of the

baseline LSAM masses are provided in Table 26.
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Figure 28: LSAM Mass Sizing Flow Chart
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Table 26: Lunar Surface Access Module Mass Comaris

Descent Stage Ascent Stage

ESAS (Ib) Model (Ib) ESAS (Ib) Model (Ib)

Dry Mass 13,500 12,770 11,300 11,060

Total Propellant 55,400 56,100 10,400 9,800
Lunar Surface Payload 5,057 5,039 -- --
Gross Mass 101,411 101,007 -- --

4.1.3 PROPELLANT REFUELING MODEL

The results of this thesis will assume that atipgllant refueling is done via a
propellant depot located in LEO. This depot is gesd to receive regular propellant
refueling deliveries from either NASA exploratioauhch vehicles or a commercial
launch provider, depending on who can offer theelstwprice. The propellant is then
transferred from the delivery vehicle to storage@ale The depot is able to store the
propellant until required by NASA for an explorationission. Tank transfer offers an
alternative to propellant transfer, but this wag oonsidered (see Scher [48] for an
analysis of the pros and cons of each method.) fblewing section provides a
description of the propellant depot model utilizedhis work.

The model of the propellant storage systems iggded to determine the mass
and size of the system needed to accommodate dipelfant needs for the NASA lunar
exploration program. The amount of propellant regpiis dependent on which propellant
refueling concept is being considered. The modplt® are the required mass and

propellant type needed for the exploration missidre model then calculates the mass of
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the propellant tanks, cryo-cooler, power systemlas@nd fuel cells), supporting
structure, shielding, and maneuvering system. Asmadlecation of 1,000 lbm is used for
the docking and transfer system and 100 Ibm for dli®nics system [49]. To be
conservative, the required amount of propellantlisays assumed to be twice that
needed of a single mission. This allows the depostore enough propellant for two
missions in case a delay occurs that preventsfigisat amount of propellant from being
delivered to the depot. This helps to mitigate riis& of the architecture being delayed

due to a malfunction with the refueling system.

2x Required
Propellant

Size tanks, cryo-coolers,
and power systems

Size structure, shielding,
and maneuvering systems

Mass allocations for
avionics, docking, and fluid
transfer system

Figure 29. Mass Sizing for LEO Propellant Depot

The tanks are sized using the same empirical gsimuitine performed in the
CaLV and LSAM models. This requires input of theataequired propellant, propellant
type, and oxidizer to fuel ratio if more than orregellant is used. Up to three separate
propellant storage tanks can be modeled. The seguthe following chapters will show

that, in most cases, two propellants are preferdgd.overall length and diameter
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constraint is also placed on the size of the taokdlow it to fit inside the current cargo
launch vehicle payload fairing. It is also possithlat, if the propellant requirements are
small enough, the depot could be deployed on astiegi EELV, which would offer a
lower cost than the CaLV. A comparison betweenDb#a IVH and the CALV fairings
is provided in Figure 30. The EELVs offer sufficigmayload capability to deliver the
depot, but the EELV fairing diameter is 40 percless than that of the CaLV, limiting
the total volume of the depot. The depot dimensimmwided in Table 27 show that a
LOX/LHZ2 depot designed to hold 50,000 Ibm of prdga would violate the Delta IVH

payload volume constraints.

Delta IVH ESAS

60 ft
40 ft
72 ft
43 ft

16.7 ft 275 ft

Figure 30. Depot Delivery Fairing Comparison
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Once the sizes of the tanks are established, thgefpant thermal management
system can then be sized. This model assumes nhatteve cryo-cooler plus passive
MLI system is used to eliminate all propellant bffilaboard the depot. MLI alone was
not considered because it results in a more expeystem since the continuous loss of
propellant would result in an increase in propedllesst to NASA, leading to an overall
increase in the life cycle cost. This is the samye-cooler that could potentially be used
on the CaLV and LSAM vehicles. The remaining systeare sized with historical mass
estimating relationships: supporting structure, @owshielding and RCS. A more
detailed look at the development of each subsystam be found in reference [49],
including a mass break down and an example depsigmle The notional depot
configuration is provided in Figure 31, includingetmain subsystems included in this
model. Any number of depot configurations could domsidered without significantly
affecting the results presented in this thesis. fioelel was developed to provide an
estimate of the overall dimensions and provide nessgnations to the cost module. A
number of additional configurations are outlined @yandler [50]. A summary of the
depot dry mass and overall dimensions for threpgitant combinations is provided in
Table 27. At these propellant quantities, the taarksspherical in shape, but they become

cylindrical as the propellant quantities increase tne diameter constraint is reached.
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Solar Panels

Shielding

Hydrogen Tank

Smart Docking System

~.

Maneuvering System

/ Fuel Cells
-

Oxygen Tank

Cryo-cooler

Figure 31. Notional Propellant Refueling Depot

Table 27. Summary of Depot Sizes for Various PlapeMass

Dry Mass [Ib]

Diameter [ff]  Length [ft]

50,000 Ibm LOX/LH2
42,850 Ibm LOX
7,150 Iom LH2
100,000 Ibm LOX/LH2

14,000
5,950
11,500
24,000

17.0 40.65
17.0 17.0
23.16 23.16
21.4 51.2
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4.1.4 LiFe CycLE COSTMODEL

The NASA Systems Engineering Handbook definestiséem life cycle in terms
of phases that includes Phase A (Concept and Tempndevelopment), Phase B
(Preliminary Design), Phase C (Final Design andrigabon), Phase D (System
Assembly, Integration, & Test), Phase E (Opera)i@amsl Phase F(Closeout). Typically,
Phase A and Phase B are preliminary analyses agigndeof the system to determine
feasibility and initial requirements and are cortddcby multiple contractors leading up
to the selection of the prime contractor for thafidesign, development, production, and
operations of the system. Phase A and Phase B amstpproximately 10 percent of the
total program costs as demonstrated by progrants asiche Hubble Space Telescope,
the Space Shuttle (costs up to the first flightpy&ger, and Pioneer/Venus. Because
these initial Phase A and B costs are fairly cartdiar NASA programs, these costs were
not included with the present analysis to compgstesn architectures.

The Phase C, D, and E Life Cycle Cost of an archite accounts for the other
90 percent that include all costs associated with ¢ampaign from final design to
completion of the program. Included in these coaste all design, development,
production, operation and disposal costs [51]. s€heosts are broken down into three
categories System Acquisition Cost, Operations @mpport Costs, and Disposal Costs,

as illustrated in Figure 32 [52].

114
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Integrated Logistics L' Preplanned Product —I

Support Startup mprovemant

*{ Facilities Startup I
[ Launch and Assembly I
(as required)

Figure 32: Breakdown of Life Cycle Cost

The System Acquisition Costs are calculated usimeg NASA Air Force Cost
Model (NAFCOM) [53]. A summary of the NAFCOM codtseakdown of the System

Acquisition Cost are shown in Table 30.
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Table 28. Summary of System Acquisition Costs

Non-recurring DDT&E
Engineering Drawings
Computer Aided Design (CAD)
Configuration Control
Specifications and Requirements
Production of Test Article
Redesign after Testing
Integrated Logistics and Support
System Test Operations
Ground Support Equipment
Systems Engineering and Integration
Program Management
Recurring System Procurement
Theoretical First Unit
Facilities Startup
Launch Infrastructure
Launch and Assembly

Integration, Assembly and Checkout

NAFCOM CERs
NAFCOM CERs
NAFCOM CERs
NAFCOM CERs
NAFCOM CERs
NAFCOM CERs

NAFCOM Wraps
NAFCOM Wraps
NAFCOM Wraps
NAFCOM Wraps
NAFCOM CERs

Not included

NAFCOM Wraps

The Non-recurring Design, Development, Test, andliation (DDT&E) cost

The Integrated Logistics and Support costs inclinde“labor, materials, Special
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element of the System Acquisition Costs includes ‘tlabor, materials, Special Test
Equipment and tooling, and other direct and alloieandirect expenses incurred by the
prime contractor including all subcontracts to piiene required to determine compliance
with all design requirements documentation and e@ofgpm the subsequent analysis,

design, development, and redesign of test and dereint hardware” [53].

Test Equipment and tooling, and other direct afmable indirect expenses incurred by
the prime contractor including all subcontracts th@ prime required to determine

compliance with all design requirements documematind to perform the subsequent



analysis, design, development, and redesign ohtestdevelopment hardware”[54]. The
System Test Operations element includes “developtesting and the test effort and test
materials required for qualification and physiaalegration of all test and qualification
units. Also included is the design and fabricatidriest fixtures.” The Ground Support
Equipment includes “the labor and materials regluiiee design, develop, manufacture,
procure, assemble, test, checkout, and deliveethpment necessary for system level
final assembly and checkout. Specifically, theipopent utilized for integrated and/or
electrical checkout, handling and protection, tpamgation, and calibration, and items
such as component conversion kits, work standsjpewnt racks, trailers, staging
cryogenic equipment, and many other miscellanegpsst of equipment are included.”
The Systems Engineering and Integration elemenbrepasses: “(1) the system
engineering effort to transform an operational neetb a description of system
requirements and/or a preferred system configura{®@) the logistics engineering effort
to define, optimize, and integrate logistics suppoonsiderations to ensure the
development and production of a supportable and effective system; and (3) the
planning, monitoring, measuring, evaluating, andecting of the overall technical
program.” The Program Management (PM) functionstsis of the “effort and material
required for the fundamental management directr@hdecision-making to ensure that a
product is developed, produced, and delivered.”[54]

The Recurring System Hardware/Software (HW/SW) &mment cost is
discussed at the end of this section becausehigidy coupled to the yearly operational

costs.
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The Facilities Startup costs are not included m phesent analysis because it is
assumed that the facilities at Cape Kennedy wikti&icient for the architecture.

The Launch and Assembly cost contains “all labod amaterial required to
physically integrate (assemble) the various subsystinto a total system. Final
assembly, including attachment, and the desigmasntufacture of installation hardware,
final factory acceptance operations, packagingfaggaand shipment are included.”[54]

As shown in Table 28 the NAFCOM model utilizes cestimating relationships
(CERs) and percentages of estimated cost, i.e.swtapestimate the System Acquisition
Costs. A logarithmic regression of the historidata is developed for each vehicle sub-
system to define a Cost Estimating RelationshipRTEetween the dry mass and the cost
of the system. The standard regression equatiod fegethis analysis is provided in
Equation 2. Thea andb values are obtained from the regression of thtoicsl data.
The Complexity Factor (CF) is a translation of tlusrve to represent differences
between the current system and the historical systased for the regression. Most
historical systems were built with aluminum, butldg’s systems utilize many different
materials including titanium and composites. Thasgerials weigh less, but should cost
more, hence the CF accounts for this differenchefOtost complexity factors are used in
NAFCOM, such as program management skill, fundtadpiity, etc., but were assumed

to be the same for all the system comparisons ard not changed in this analysis.

Cost=aWP x CF (2)

To obtain the wrap costs in Table 29, the NAFCOMiItiplies the CER based

costs from Table 12 by simple historical based greages. The CER and wrap costs are
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then summed for each vehicle subsystem. An adaitid0 percent cost margin is used
to obtain the final System Acquisition Cost. Alichitecture vehicles and Propellant

Depot are costed using this method.

Table 29. Summary and Description of NAFCOM Wraps

System Wrap Description

Integration, Assembly, & Checkout All labor and evél required to physically integrate the
various subsystems into a total system.

System Test Operations Development testing, tésttefnd materials required for
qualification and integration.
Ground Support Equipment All labor and materiatpuieed to design, develop,

manufacture, procure, assemble, test, checkout, and
deliver the equipment necessary for system lewel fi
assembly and checkout.

System Engineering & Integration  Specific functiamslude those for control and direction
of engineering activities, cost/performance traffe;o
engineering change support and planning studies,
technology utilization, and the engineering reculifar
safety, reliability, and quality control and asswa

Program Management The effort and material reqdmethe Fundamental
management direction and decision-making to erthate
a product is developed, produced, and delivered

A summary of the predicted system acquisition<¢BDT&E) developed in this
model are provided in Table 30. These values ard¢hi® baseline architecture vehicle
models. The production costs include the cost ftoedNAFCOM CERs, the additional
system-level costs, and a 20 percent cost mardie.life cycle analysis assumes that the
production cost is the total cost required to pomdthe architecture elements needed of
each mission. Since all flight elements are expeledaexcept the CEV, there is no
additional overhaul done at the end of each missorthe only costs are the hardware
and its assembly. The depot cost is included teigeoan example of the typical cost of

the propellant depot. This example is for a depat is capable of holding 50,000 lIbm of
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LOX/LHZ2 at an O/F ratio of 5.5. The results for D®T&E and production are fed into
the economics model, which calculates the life eyadst at each design point. The CERs

used in these calculations are provided in Appeidix

Table 30. Baseline Architecture Cost Summary

[FYO7] DDT&E ($M)  Production ($M)
CaLV 6,041 643
LSAM 5,582 730
CLV 3,778 633
CEV/SM 4,200 500
Depot (50,000 lbm, LOX/LH2) 940 190

The second element of the Life-Cycle Cost is ther@jponal and Support costs
(Figure 1) that include the System Operations,graed Logistics Support, and Pre-
Planned Product Improvement elements. In the pteseysis, the System Operations is
broken down into the ground and flight operatioesduse of the way that NAFCOM
computes cost.

Because the operation of the architecture is spogsad 15 years and because of
the embedded NAFCOM costs, the Recurring System 3¥WProcurement costs are
considered as operational costs. These procurernstd are modeled in NAFCOM as a
Theoretical First Unit (TFU) cost. These TFU coate those incurred by “the prime
contractor and all subcontracts to the prime ineltlte labor, materials, and other direct
charges and allowable indirect charges requiredortmduce the flight article”.[13]

Specifically the TFU cost include the following:[[13
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» Fabrication and Processing

* Subassembly and Final Assembly

* Rework and Modification

* Experimental Production

* Installation of Parts and Equipment Including GFE
* Quality Control Inspection

* Repair, Rework, Modification, and Replacement aidhTooling and STE
» Sustaining Engineering

* Production Control

* Materials Handling

* Manufacturing Engineering

» Subcontractor/Supplier Liaison

* Source Inspection

Thus the NAFCOM computed TFU includes the Operatiand Support cost
elements (Figure 1) of Integrated Logistics Suppéetg. materials handling,
subcontractor/supplier liaison, etc.) and Pre-Ré@nnProduct Improvement (e.qg.
sustaining engineering).

The remaining Operations and Support Cost is trete®y Operation cost that is
broken down into ground and flight operations. shewn in the breakdown of the TFU
costs, the fabrication and final assembly costsrarleded. Not included in the costs are
the payload integration and launch pad operatidfiswever, these costs are considered
negligible as compared to the unit costs of thghflisystems expended after every flight
as an architecture comparison discriminator.

Two methods were considered to determine the dasteocexpended flight units.
The first method assumes that the cost of eachnebgok system is the TFU with a

learning curve applied [53]. The learning curva imanufacturing term that expresses the
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amount of knowledge carried over from one unithte hext as a decrease in production
cost [54]. The learning curve model used in thiglgsis assumes that the production cost
is decreased by certain percent every time the erurmabunits produced doubles. This
learning curve is then applied to the TFU to detrenthe cost of the RNunit produced.
The yearly cost for this method is calculated udiugpation 3. The Nis carried over

from one year to the next.

n In(2)

YearlyCost=TFU > N"©) (3)
i

The second method is a more detailed analysis wirieaks the yearly cost into a
fixed and variable portion. This more detailed gssl may be required to discriminate
between certain design options. The fixed porigoall costs that are independent of the
vehicle flight rate and thus remain constant for #ight rate. Even at a flight rate of zero
the fixed portion remains. The variable portionthe costs that are dependent on the
vehicle flight rate, and increases as number obiois completed each year increases.
At a flight rate of zero, the variable portion is@zero. The yearly cost is calculated
using Equation 4, the Nunit is carried over from one year to the next. Total cost is

derived from the estimate of the TFU.

n In(2)

YearlyCost= Fixed% (Total Cosf) +Variable%(Total Cosf> N,"*9  (4)
i
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Both Methods One and Two utilize the TFU for cédting the annual cost of the
lunar campaign. In the case of Method One all eostassumed to be variable and the
total cost depends completely on the yearly flighte. In the case of Method Two the
variable cost is decreased and a fix portion iseddiwd account for those cost that are
independent of flight rate. When the flight rateneens constant either method may be
used to provide a relative comparison for the LG&ween two design options. The
results presented in Chapters 5 and 6 will utifethod One and in Chapter 7, where the
flight rate varies, Method Two will be used to camp the use of refueling to the

baseline architecture.

The final Operations and Support Costs are thghFlOperations or Mission
Control of the system. Because all of the differmehitectures studied include the same
launch and orbital vehicles, it was assumed thatRiilght Operations for these systems
were constant and were not a discriminator for Gfele Cost comparisons. However,
the architecture with the Propellant Depot woulduiee additional Flight Operations.
Since there are no historical data for the opematicost of a propellant depot, the
operational cost of the Hubble Observatory was wse@n analogy. The Hubble data
processing facility and workforce that analyze ¢bservational data were not included.
Thus, the flight operational cost of the propelldapot is estimated to be $100M per year
which assumes to address system heath monitoriagiors keeping, and mission

planning for the refueling events.

In order to determine the total Life-Cycle cosfstloe system architecture, a
yearly economics model was developed to sprea®IME&E costs over Phase C and D

and the Operations cost over Phase E (Figure Bdsd’F (Closeout) or Disposal was not
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considered in this present analysis because itotsandiscriminator for architecture

comparisons.
Vehicle A Depot Operations Cost
Models
DDTE & TFU B
(NAFCOM)

A 4

Campaign Details
$/Ib of Propellant
CLV Delay

Economics | — Life Cycle Cost

vyvyy

Figure 33. Life Cycle Cost Analysis Flow of Infortiaan

The life cycle cost estimate used in this thegpigeads the DDTE out over a
number of years at the beginning of the programeémh architecture element. The CLV,
CEV, and in-space depot developments are spreadvautfive years while the CalLV
and LSAM are spread out over six years based ondhmplexity of these systems. This
DDTE is spread as a Beta function over the spetifiember of years [52]. The
development of the CEV and CLV begins in 2007 drel €aLV, LSAM, and in-space
depot begin in 2011. The life cycle analysis widsame a campaign that begins with the
CEV and CLV operating two flights per year for tfiee years immediately following
their development program. The development of taeMG LSAM and in-space depot is
completed during these five years. Once all ofdbeelopment work is completed the
architecture begins operation of a 15 year lunarpzagn with an assumed flight rate of

two missions per year. The LCC results presenté&chapters 5 and 6 will utilize Method
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One with an initial assumption of no learning thghaut the campaign. As discussed
previously various learning rates and the fixedsusrvariable cost analysis will be
investigated in Chapter 7 to understand their eféecthe implementation of propellant
refueling. The discounted yearly cash flow [53] Igsis is provided in Figure 34. The
initial peaks and valleys represent the developnpeniod of the different architecture
elements. These development periods could be dssignoverlap to eliminate the drop
off in LCC, but this has no impact on measuringithpact of propellant refueling on the
architecture. A discount rate of three percentpigliad when developing the discounted
life cycle cost. The results presented throughbist thesis are provided in 2007 dollars

(FY 2007 $M).

5,000

O Propellant Depot @ CalLVv
OLSAM EmCLV
O Propellant B CEV

s 4,000

~

(=3

o

N

z

< 3,000

B3

o

[

<

8

S 2,000 1

Q

<

=}

o

o

2

a

1,000

Years

Figure 34. Life Cycle Cost Spreading for BaselimetAtecture
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The two development periods between 2007 — 20128ad — 2016 followed by
the 15 year lunar campaign starting in 2018 areveha Figure 34. The spike in cost in
2017 accounts for the deployment of the in-spagmidelrhe calculation assumes that
only one depot is required throughout the prograater in the thesis, the depot costs are
varied to determine overall LCC impacts. This liégcle cost analysis and lunar

campaign will be used for all design points in Cleep5 and 6.

4.1.5 RELIABILITY MODEL

The reliability model is designed to determine siystem-level reliability for the
entire lunar architecture. The overall system blity is dependent on the reliability of
the individual elements and events within the dedture. The model uses a Fault Tree
Analysis, a technique used during the Apollo pragif&5], where the reliability of the
entire architecture is built up from individual eng. In this case, the reliability hierarchy
is broken down into three levels: the overall aeatture, the six phases of operation
(Ascent, LEO Operations, Propellant Refueling, Lumaansfer, LLO Operations, and
the Lunar Mission), and the individual underlyingeets. This structure is outlined in
Figure 35. The metric of interest is the loss o§sion probability. This is the reliability
most affected by the addition of propellant refagliThe loss of crew reliability is not
affected because all refueling can occur beforetbe is delivered to LEO. The mission
phases that occur after lunar ascent are not cemesidas they are not affected by the

addition of propellant refueling.
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Loss of Mission Reliability
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A 4
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— Orient for Descent

Figure 35 Reliability Model Fault Tree Analysis Structure

The reliability for the overall architecture isloalated using the Fault Tree

Analysis technique, which builds up the overallteys reliability from the reliability of

the mission events. In this case, the event rdialmiumbers are taken from historical

programs, such as the Apollo [55] and Space Shorttlgrams [56]. The individual event

reliabilities are provided in Appendix C. The inasp reliability values were taken from

the reliability estimations made during the initigbollo mode comparison. A secondary

calculation is also made to provide an estimatba¥ these reliabilities have improved

since the beginning of the Apollo program. Thiscaddtion assumes that a ten-fold

improvement in each system has been achieved.€liability calculations for the CaLV

and LSAM were developed using a dynamically allogafault tree calculator that is

able to determine the reliability of each vehicéséd on a number of system parameters,

such as the engine type and required mission mang®7]. The reliability of the launch

vehicles was not greatly affected by this studyalise their basic configurations are not

changed, and the major design changes, such agiim&,ndo not have a large impact on
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the vehicle reliability. The lunar lander desigrasg contained a number of different
engine and propellant combinations, all of whickiha substantial impact on the overall
reliability of the lander. The dynamically alloaagi fault tree predictor was able to update
and re-calculate the reliability for both the CabWd LSAM without having to create a

new model for each design point.

The addition of propellant refueling adds an adddl point of failure to the
architecture, and as a result, the overall religbis decreased. The Apollo-based
reliability estimate for the entire propellant refimg operations is 0.9676, resulting in
less than four failures in 100 refueling trips. 98 a higher reliability than the Apollo
program predicted for the LEO operations (0.91&) lamar transfer (0.762) phases. This
reliability is further reduced as the number of gelbant refuelings is increased, as all
refueling must occur in order for the mission taotooue. This model accounts for the
total number of refueling events utilized by thehatecture.

The loss of mission calculation made in this mqatelvides a relative reliability
comparison for each of the propellant refuelinglésaconsidered. While the addition of
the refueling event decreases the reliability of #rchitecture, the addition of the
capability can improve the reliability of other aseof the architecture. It was discussed
in Chapters 1 and 2 that the addition of propeltafileling can de-couple the success of
each mission from the successful on time launchath launch vehicles. This trade in

reliability allocation will be considered further Chapter 7.

128



4.1.6 TECHNOLOGYRISK MODEL

The risk module provides an estimation of the mebbgical development risk
associated with maturing the technologies thatcareently not at TRL 9. A list of the
technologies that factor into the risk calculateme provided in Table 31 along with the
TRL number assumed for each. All other technologiesassumed to not influence this
study and are not considered in this calculatidre fisk associated with developing each
technology is assumed to be an exponentially irsongafunction of TRL [58]. The lower
the TRL, the greater the risk encountered to follgture the technology. This is due to
the uncertainty in the cost and schedule requineshdture the technology and the final
performance level obtained. The total risk scoredach design is a summation of the
individual risk score for each technology; therefathe more technologies that must be
matured, and with lower starting TRL level, theajez the risk to the architecture. It is
difficult to accurately determine the developmaesk iof any technology because so many
unknown factors exist. This model utilizes a simpig@onential function to equate the
development risk to the starting TRL; this is pdrd as Equation 5. The exponent is a
scaling factor that set the risk score of a teabgwlat TRL nine to ten and a technology
at TRL one to zero. This is an arbitrary scale usegrovide a relative comparison
between the design points that require additice@inology development before they can

be utilized by the architecture.

R|Sk — e(TR L_1)0.29973 _1

(5)
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Table 31. Summary of Development Risk Assessment

Technology TRL Risk Score
Ascent Engine

Storable 7 5.04
LOX/CH4 5 2.32
LOX/LHZ2 (pressure) 8 7.15
LOX/LH2 (pump) 8 7.15

Propellant Thermal Management
MLI 8 7.15
Cryo-cooler + MLI 4 1.46
Refueling 4 1.46

4.2 VALIDATION OF BASELINE MODELS

The final section of Chapter 4 discusses the atiba process that was conducted
to confirm the results for each of the vehicle msd@he goal of the models was to
match the payload capability and mass of the vebideveloped during the ESAS study.
The payload capability is one of the key measusegéch vehicle and the dry mass leads
directly to the overall cost of the vehicle. Theshicles were designed and calibrated to
match the ESAS results so that these models caaldde a direct comparison when the
propellant re-supply elements are added to thataotare. The vehicle mass, propellant
requirements, and payload delivered were all witnifew percent of the ESAS results.
These results are provided in the following sedioA detailed discussion as to the

development of these results can be found in reéergs9].
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4.2.1 CARGOLAUNCH VEHICLE

The cargo launch vehicle (CaLV) is designed taveellarge non-human cargo
elements to LEO for lunar exploration missions.sTinicludes in excess of 320,000 Ibm
of payload comprised of the LSAM and TLI propellaAt detailed description of the
cargo launch vehicle is provided in Chapter 2. Assneomparison of the ESAS results
for the cargo launch vehicle and the one develahethg this study were provided in
Table 21. These results showed that the dry massedfvo vehicle differed by less than
one percent. This was achieved because the MERkfas¢he sub-system mass were
calibrated to match the results outlined in the ES&port [pg. 428]. This allowed the
basis of the launch vehicle models to be to theesam that the trajectory and cost
analysis would provide a better comparison.

The ESAS report [pg. 433] provided a set of trapcplots for the ascent phase
of the CaLV which provide another means of comparibetween the two models,
Figure 36 and Figure 37. These results are takesttti from the output of the POST
optimized trajectory. The main difference betweée two trajectories is that the
optimized path of the model pulls up out of the skt part of the atmosphere later than
the ESAS CalV exposing it to a higher thermal loatlis additional load last for
approximately 10 seconds. The dynamic pressure pakins the same at around 550
psf. The other aspects of the trajectory, (altiiwdgocity, and acceleration) match up
well with the published ESAS results. A comparisointhe trajectory profiles are
provided in Figure 36 and Figure 37. The fact ttted final trajectories are nearly

identical suggests that this model will predict tedavior of the CaLV well.
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A summary of the key trajectory results are predidn Table 32. The main
differences seen here is the timing of the velselgarations. The stage separation events
of the model are around eight to sixteen seconftaffi the ESAS trajectory data. This is
primarily due to an increase in the burn time & #olid rocket boosters. The overall
propellant requirements and mass ratio were shovpnavide an accurate estimate of the

ESAS results.

Table 32. Summary of Trajectory Analysis

ESAS Model
Mass Ratio 4.84 4.83
Max Dynamic pressure (psf) 523 558
SRB Separation (s) 117 125
1% Stage Separation (s) 405 418
2" Stage MECO (s) 627 643
Max g’'s 2.8 2.94
Final Velocity (ft/s) 25,900 25,700

4.2.2 LUNAR SURFACE ACCESSMODULE

The Lunar Surface Access Module (LSAM) provideshbaccess to the lunar
surface and a habitat for humans during exploratigsions. Once in Low Lunar Orbit
(LLO), the crew transfers to the LSAM for descemtlte surface. The crew utilizes the
LSAM as a base of operations while on the surfateéhe end of the mission the LSAM
separates and a smaller ascent stage is usedito tie¢ crew to the CEV in LLO (Figure

5). Chapter 2 provides further details on the LSAd4ign and function.
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The LSAM model again provides a close match tord#salts presented in the
ESAS reports, as shown in Table 26. The large$&trdiice between the two models is
seen is in the dry mass of the descent stage. Whele is a 5.5% error between the
model and the ESAS results, this is only a madsrdifice of 350 Ibm. This is primarily
due to differences in the structural mass of thieicle. It is difficult to model the sub-
systems mass of the lunar lander because thatéeidistorical mass information to base
the analysis. The remaining vehicle parametersgifspadly the lunar surface payload
capability and total lander mass, match up welhwiite published results for the ESAS
lunar lander.

The results from these validation cases providrigh evidence to conclude that
the development of these models resulted in anrateuepresentation of the baseline
ESAS architecture elements for reference comparidooost and reliability validation
was not possible, as the ESAS results were not rpatdic. The models and tools
discussed in this chapter are used to evaluateriygellant re-refueling design space.

These simulation results will be discussed in Céapt— 7.
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CHAPTER 5

A PARETO FRONTIER FOR LUNAR SURFACE

PAYLOAD CAPABILITY AND LIFE CYCLE COST:

SCENARIO ONE

The termnon-dominated solutiomefers to the locus of points within a design
space where no additional improvements in the mesgocan be made without violating
constraints. These points define the design spamendary and represent the best
achievable solutions. This boundary is referredgdhe Pareto frontier. Any solution not
along the frontier is considered dominated andlmmproved by moving to a solution
on the frontier. A point along this frontier caneth be selected based upon the
preferences of the decision maker to one responsmather. This helps the decision
maker understand how his or her preferences andirbertainty of these preferences
affect the final architecture selection.

This chapter will discuss the Pareto frontier foe tunar surface payload versus
life cycle cost metrics and categorize the non-a@t@d design points which bound this
design space. The results will demonstrate thageimeral, in order to increase the lunar
surface payload capability, the life cycle costha architecture must increase. There are,
however, a number of design points that can imptbedunar surface payload capability
while also achieving a lower life cycle cost thae baseline. As will be shown, all points
along the frontier include the use of propellarfueéng. The ESAS baseline design

point, described in Chapter 2, is not on the Paretmtier, suggesting that an
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improvement in the architecture can be achievedutjit the addition of propellant
refueling. These two FOMs were selected to prowdscreening for the best refueling
strategies. The other FOM were not selected bedausegiven refueling options there is
little difference in the risk, extensibility andliebility of the architecture. Therefore,
these do not act as good discriminators for theestng process. The impact on these

three FOM will be further examined in Chapter 7.

5.1 THE IDENTIFICATIONS OF NON DOMINATED SOLUTIONS

The procedure described in this section is inddntb define a Pareto frontier
using the propellant refueling trade space simutatiiscussed in Chapter 3. This chapter
will focus on the results for Scenario One; theiglephilosophy for this Scenario is to
utilize propellant refueling to improve both thenér surface and LEO payload capability
of the architecture. Given any two Figures of Mesiich as life cycle cost and lunar
surface payload, the steps in Figure 39 can be tasddvelop the set of non-dominated
solutions. The trade space morphological matrighewn in Figure 38. Where the nine
propellant design variables used in this study lested in the first column, and the

remaining columns represent the design choicesdoln input variable.

5.1.1 DEVELOPING THE PARETO FRONTIER

A logic flow diagram of the steps used to genethéePareto frontier is provided
in Figure 39. The first step in developing the Rar&ontier is to eliminate any

extraneous design points that do not make pracBealse. These cases were only
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included to simplify the automation of generatihg entire trade space. For example, all
cases that include both cryo-coolers and Hypergoisthe LSAM ascent stage are

removed since no propellant boiloff will occur mese cases.

Design Variable Design Options
Additional Ascent 0 25,000 Ibs 50,000 lbs 75,000 Ibs 100,000 Ibs
Propellant
EDS Boil-off
Mitigation ML MLI+Cryo
Lander Stage None Descent Ascent Both
Re-fueled
Lander Propellant 50% 100%
LSAM Ascent LOX/LH2 LOX/LH2
Propellant LOX/CH4 Hypergols (pressure) (pump)
Lander Boil-off
Mitigation ML MLI+Cryo
LOI Burn Element EDS LSAM DS
LEO Req_uued Stay 95 Days 15 Days
Time
Re-fuel Boil-off No Yes

Figure 38: Trade Study Morphological Matrix
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Figure 39: Pareto Frontier Creation Flow Chart

The next step is to place a limit on the payloapabdity of the architecture,

where the addition of propellant refueling can @ase payload capabilities that increase

the size of the LSAM beyond the limits imposed by fairing of the CaLV. The black

design points in Figure 40 represent the desigaswiere removed from consideration
due to this fairing constraint. The red points es@nt an 8.5m diameter constraint, and
the blue points represent a 9.5m diameter constraie results discussed in this chapter
will assume an 8.5m diameter constraint as it usettie baseline configuration. In all
cases, a 10m maximum height constraint is alsoieppb the payload section of the

lander (Figure 41). As will be discussed later hirs tchapter, the points that offer the
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lowest cost per pound of payload to the lunar serfare well below this height

constraint.
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Figure 40: All Design Point with Fairing Constrafplied

Constraining the fairing diameter to 8.5m and eaght of 10m restricts the
payload to 100,000 Ibm as is shown in Figure 41s @8Bsumes the same packing density
for the baseline LSAM design. The fairing diametenstraint has no effect on the design
points that fall on the Pareto frontier. As showrigure 40, the design points that would
be added if the fairing constraint was increase®.&m lie within the Pareto frontier.
Therefore, this constraint is not active for thenpo along the frontier. The active
constraint along the frontier is the maximum allbleapayload height. Placing this
constraint at 9m would remove all points with alpay capability greater than 90,000

Ibm, and increasing this constraint to 12m wouldreéase the maximum payload
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capability to 125,000 Ibm assuming the packing iterd the payload remains the same
as the current LSAM configuration. A larger payloaduld raise the landing CG, which
may require a more sophisticated landing contrstesy. This effect is not considered in

this analysis.

Maximum Payload = 125,000 Ibs

Maximum Payload = 100,000 Ibs

si9leW g1

8.5 meters 8.5 meters

A

A
si9leW 0T

A

Figure 41: LSAM Volume Constraint Dimensions

Once the infeasible trade set and geometry cansttalata has been eliminated,
the non-dominated solutions in the design spacebeanletermined (Figure 39). The
remaining designs are sorted in ascending ordéurgr surface payload capability. The
design with the lowest payload is selected, andaach is performed for designs with a
lower life cycle cost. If such a design is founge tturrent one is discarded, as it is not
Pareto optimal. This process is repeated for tisggdewith the next higher lunar surface

payload capability and is continued until all desigoints have been examined. The
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design points that remain represent the Paretdidérorn this case, the Pareto frontier is
comprised of 27 design points, which have the |6vi€XC that can be achieved for a
given payload capability. The Pareto frontier gatest from this analysis is shown in
Figure 42. These are broken down into two sets. ih& points, near the baseline,
represent the design points where no propellaniehely was considered, and the blue

points represent where propellant refueling wased.
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Figure 42: Path for Establishing the Set of Non-Dwated Solutions, Scenario One

5.2 BASELINE |MPROVEMENTS FOR NON PROPELLANT REFUELING OPTIONS

Figure 43 shows ten circled design points thahalorequire propellant refueling
have a better solution than the baseline desiges@ points are summarized in Table 33.

These solutions either have a lower LCC and protdesame payload capability, or

141



they have a higher payload capability without iasiag the LCC of the baseline
architecture. There are a number of solutionsghatv an improvement in both the LCC
and the payload capability of the architecture.rixéng the region around the baseline
design point reveals ten designs (circled data tppithat offer a greater payload

capability without increasing the LCC of the arebiure and do not require propellant

refueling.
75,000 -
d . . Ce? %o .,
Pink: Non Re-fueling Cases * .
74,000 ) * L
Baseline : * °s ‘2
73000 Group 1 e o
. LR *e o coce
72,000 - o ecges o000 °
@ e o ®oeq
Qe & ® R X R
': - oo

71,000

70,000

Group 2 . .
69,000 Sroup £ ( Non Dominated Solutions

Campaign Life Cycle Cost ($M)

68,000
Hypergols Blue: Re-fueling Cases

O LOX/CH4
67,000

O LOX/LH2 (pump) -

* Re-fueling Cases
66,000 LOX/LH2 (pressure) ® Non Re-fueling Cases
—— Non Dominated Solutionss
65,000 T T T T
0 5,000 10,000 15,000 20,000 25,000

Lunar Surface Payload (Ib)

Figure 43: Improvements in Baseline Architecture
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Table 33: Improvements in Baseline Design witHenatpellant of Refueling

Case # Ascent Stage Ascent Stage Descent Stage EDS LEO Stay LCC Payload
Propellant Thermal Thermal Thermal (M) (Ibm)
1 (B) LOX/CH4 MLI MLI MLI 95 71,710 3,619
2 Hypergols MLI MLI MLI 95 71,467 3,704
3 LOX/CH4 Cryo-cooler MLI MLI 95 71,664 4,518
4 LOX/LH2 (pump) MLI MLI MLI 95 71,793 6,198
5 LOX/CH4 MLI Cryo-cooler MLI 95 71,642 6,827
6 LOX/LH2 (pump) Cryo-cooler MLI MLI 95 71,818 7,038
7 Hypergols MLI Cryo-cooler Cryo-cooler 15 68,957 7,211
8 LOX/CH4 Cryo-cooler Cryo-cooler Cryo-cooler 15 69,147 8,018
9 LOX/LH2 (press) Cryo-cooler Cryo-cooler Cryo-cooler 15 69,630 8,970
10 LOX/LH2 (pump) MLI Cryo-cooler MLI 95 71,725 9,406

11 LOX/LH2 (pump) Cryo-cooler Cryo-cooler Cryo-cooler 15 69,225 10,709

There are two distinct groups of designs: thos# tan increase the baseline
payload capability for the same life cycle costd@r 1) and those that can both increase
the payload capability and decrease the life cyok of the baseline architecture (Group
2). The only differences between the two groupghis propellant boiloff thermal
management system utilized by the EDS and the medjWiEO loiter time. In Group 1,
the EDS and LSAM utilize a passive MLI thermal mgement system to minimize the
boiloff propellant during a 95-day loiter periodhd points in Group 2 utilize an active
cryo-cooler plus MLI system to eliminate all prdpek boiloff and are designed for a
shorter 15-day loiter period.

The benefit of utilizing a cryo-cooler to elimingbeopellant boiloff is due to an
increase in the lunar surface payload and a dexieahe LCC as shown in Figure 43.
The payload increases because the cryo-coolernsyisées a lower total mass than the
MLI only system plus the propellant lost to boilodfs is shown in Figure 44. Eliminating

the need to carry additional propellant directlads to an increase in architecture
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payload. Examining Case #4 and Case #11 in TabEh8®s that a 5,200 Ib increase in
payload is achieved when transitioning from arVill system to a cryo-cooler plus MLI

system. A more detailed model of the thermal mamemts system is needed to
determine if refueling the LEO boiloff is a betsalution than utilizing a cryo-coolers to

eliminate this loss of propellant.

30,000

—e—MLI

25,000 —a— MLI + Boil-off
—a— MLI + Cryo-cooler

20,000 -

15,000

—

Total Mass (Ibs)

0 10 20 30 40 50 60 70 80 90 100

Loiter Period (Days)

Figure 44: Total Mass of the Potential Thermal Mpraent Systems

The LCC is also less for the points in Group 2 tlmrGroup 1 because the
elimination of propellant boiloff allows the CLV tme delayed without resulting in a loss
of the LSAM and EDS. In the design points whereyd¥iLI| is used, once the designed
loiter period is exceeded, the EDS and LSAM no @nigave sufficient propellant to
complete the remaining mission maneuvers. Theseegitss must then be replaced before
the mission can be completed. The probability th& will occur is dependent on the
designed LEO loiter period. This change in probgbis illustrated in Figure 45 along

with the increase in LCC to account for the rephaest missions. The shorter the design
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loiter period, the higher the probability that assion will be lost and the greater the cost
to the architecture. The benefit of a short loitethat less propellant must be carried to
LEO resulting in a greater payload. A decrease GCLof $2.5B can be achieved by
switching from an MLI system (case #4) to a cryoleo system (Case #11) on all
architecture elements. These results and all ofeblts that follow in this chapter and in
Chapter 6 assume that once the designed loitesgeriexceeded than the mission is lost
and must be replaced. In actuality this may notagbvbe the case, because the
architecture is designed to perform the worse aaission during the worse Earth-Moon
alignment. Since these conditions are rarely botivea the architecture may be able to
remain in LEO for a longer period of time. This wawill require that that architecture
always be ready to perform the worse case misdian,this may be an optimistic

assumption and should be considered when evalutEngesults of this study.
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Figure 45: Loss of Mission effect on LCC
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There is a secondary trend relating to the engeiection on the LSAM ascent
stage that can be observed within each of thesgpgras shown by the circles and the
data points in Figure 43. In both groups, the LG@eas only slightly while the payload
capability can vary by as much as 200%. The Hydeeggine (green points) has the
lowest payload capability while the pump-fed LOX/2Hngine (dark blue circles) has
the highest. This is due to the increase in perémge of each engine (Isp and HW
Figure 40), which directly affects the payload bé tvehicle. The engine performance
values along with the corresponding payload argigeal in Figure 46. This figure shows
that, as the Isp and TRAVincrease, the lunar payload also increases. Th¥/ILidP
pump-fed engine offers the greater payload becalrses the highest Isp (460) and T¢W
(38). A greater Isp and T/Wreduce the amount of propellant required to coteplee
mission maneuver, and since the total mass of 8%&M.is held constant, a reduction in
the required propellant results in an increaseaylgad. A more detailed cost analysis is
needed than provided here in order to account foofathe differences between the
various engine options. An engine with a greatefopemance has a higher engine cost,
but lower inert mass which results in a lower vihaost. A more detailed cost analysis
would help provide a better discriminator for th& Aelection, but this is not a primary
result of this work. The work in this chapter shawat the engine selection is not greatly
effected by the addition of propellant refuelingldhat the engine selection has a smaller

overall effect in the architecture than the intrciton of propellant refueling.
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As an example, a configuration that utilizes a pasthermal control system on
all architecture elements with a LOX/LH2 ascentieadCase #4) can provide 2,500 Ibm
more payload capability than utilizing a Hypergolgme (Case #2). The LOX/LH2
engine increases the cost of the LSAM Ascent Shegmuse of its greater complexity
[Humble]. The complexity factors used for estimgtithe DDT&E and TFU for the
ascent engine are provided in Table 34 [60]. Thpédfgol engine is the simplest design
considered and results in the lowest developmedtpmoduction cost. The LOX/LH2
pump-fed engine option is the most complex, andefbee results in the highest cost to
the architecture. The LCC is increased by $325Mmnwad_.OX/LH2 pump-fed engine
(Case #4) is used instead of a Hypergol engineg 3% The cost of the ascent engine is

a small component of the overall LCC of the ardues. Thus it has less of an impact

than an increase in the payload capability.
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Table 34: LSAM Ascent Stage Engine Complexity Festo

Engine Type DDT&E CF TFU CF
LOX/LH2 (pump) 3 2.28
LOX/LHZ2 (pressure) 2.2 1.88
LOX/CH4 2.6 1.97
Hypergol 1.0 1.0

The results of this study demonstrate that an awvgment in the lunar surface
payload can be achieved by utilizing a higher penfog engine on the LSAM ascent
stage and by utilizing cryo-coolers on each ofdhghitecture elements. The change in
Ascent Stage engine has a small effect on the Mddle the switch to cryo-coolers
shows a larger decrease because it is able to wapghe LOM of the architecture. It is
also evident that the elimination of propellant |bfli concerns with an advanced
technology can greatly affect both the payload baihaand the cost of the exploration
architecture. This is why non-refueling designsvsiioe best payload and cost when their
propellant storage systems utilize an active bbilloérmal control system. In the case
when hydrogen is used on the ascent stage it isreskthat zero-boiloff is achieved. In
the case of a long term outpost mission this zeitwh level may be difficult to achieve.
A further study of this is needed in order to fuligdress the limitation of propellant boil-
off when the hydrogen engine is selected for thersis stage. The Hydrogen engine may

also results in a lower reliability because of ith&ease in engine complexity.
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5.3 DESIGN TRENDS IN NON-DOMINATED SOLUTIONS

The previous section discussed how the baselinggrdesould be improved
without the implementation of propellant refuelibgchnologies. While the previous
section discussed a number of designs that carowreprpon the baseline design, none of
these designs fall on the Pareto frontier. Thidiseowill describe the Pareto-optimal
designs and discuss how they differ from the ndwetang cases and the baseline design.
The solutions that lie on the Pareto frontier (ied) can be organized into five groups as
shown in Figure 47. The Pareto frontier is computisé design points that all utilize
propellant refueling. The blue points in this figurepresent the designs that utilize
propellant refueling, while the pink points repneisthose that do not. The points on the
Pareto frontier offer an increase in lunar surfpagload capability, but generally result
in a greater life cycle cost. The following sectwitl discuss the points along the frontier
and characterize how the introduction of propellaatueling affects the payload
capability and the life cycle cost of the architeet

The LCC results presented in this chapter andnaigaChapter 6 will utilize the
analysis outlined in Section 4.1.4. The componehttie LCC include the development
cost of the architecture elements, including thet ob developing a propellant depot for
the refueling cases. The acquisition cost for ttehitecture element are also included,
plus the cost of building and launching the pragslidepot to LEO. The final component
of the LCC is used for the refueling cases whichstmpurchase propellant before
completing each mission. This propellant is puredast a set price and will be

represented by a $/lb.
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Figure 47: Propellant Refueling Pareto Frontier{pso
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The initial results will utilize a price of $2,000/and then sensitivity analysis will be
conducted to see how the results change as thegrjgropellant is increased.

Before determining the best strategy for movinglihseline architecture onto the
Pareto frontier, it is important to understand thakeup of the design points that fall
along this frontier. There are five design variabteat remain constant at every point
along the frontier. These variables are the DesStaje, Ascent Stage and EDS boiloff
thermal control systems, the ability to re-fuel tieO propellant boiloff, and requiring a
15 day LEO loiter. The ability to re-fuel the prdipat lost to boiloff is the primary driver
for the LEO loiter period and the thermal contrgktem selected for the EDS and
LSAM. The baseline architecture requires the ED8 &8AM to carry additional
propellant to LEO to account for the propellantldibilost during the loiter period.
Because the boiloff propellant can be re-fuelechvat depot in LEO, the additional
propellant required for boiloff with the baselinelaitecture can be replaced with payload
(5,000 Ibm or 140 %). This design choice allows #i2S and LSAM to be re-fueled
prior to the trans-lunar injection maneuver andngiates the need to carry additional
propellant to LEO. As a result, the cargo launchiele can deliver a larger lunar surface
payload capability. A second benefit of refuelifge tboiloff is that the CLV can
experience a delay without resulting in a loss a$sion and pre-deployed hardware
(EDS and LSAM) because the boiloff propellant carrd-fueled at any time. As a result,
a designated loiter period is not required. Thigedr the section of the 15 day LEO loiter
which is the shortest period considered. Theorgtithis should be driven to zero but
this was not considered during the design spactoetn. A lower life cycle cost is

therefore achieved because these elements do met tbabe re-launched as in the
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baseline architecture which required 1 — 2 missitm$e replaced during the lunar
campaign based in a reliability of 0.947 (Figurg.58

Since the propellant boiloff is re-fueled and nader an architecture concern,
MLI becomes the best solution for the thermal managnt system on the EDS and
LSAM. The results in Figure 48 illustrate that thee of a cryo-cooler plus MLI results in
a lower total mass than MLI plus the mass of prapellost to boiloff. However, if the
propellant lost to boiloff is replaced then theatomnass of the two systems is similar,
especially for the 15 day loiter period. The cos$tudlizing MLI is less than the
development of a cryo-cooler system, and sincéwlesystem offer a similar total mass,
the use of MLI becomes the best architecture dagigice when the boiloff propellant is
re-fueled. Since propellant boiloff is not a comgearyo-coolers do not provide a benefit
to the architecture. A passive system is still meeith order to reduce the total amount of

boiloff and the amount of propellant that must eéwred.
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Figure 48: Total Thermal Management System Mass
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Table 35: Scenario One, Non-Dominated Solution Beson, Points 1 - 14

Case# Group # Ascent Lander LEO Stay Re-fuel LEO LOI Additional Burn DS % LCC Payload $/Ib
Propellant Refueling Time Boiloff Maneuver (Ibm) Re-fueled (M) (Ibm)
1 1 Hypergols None 15 Yes DS 0 n/a 68,939 7,840 293,107
2 1 LOX/CH4 None 15 Yes DS 0 n/a 69,109 8,701 264,745
3 1 LOX/LH2 (pump) None 15 Yes DS 0 n/a 69,154 11,765 195,933
4 1 LOX/LH2 (pump) Ascent Stage 15 Yes DS 0 100 69,774 16,169 143,840
5 - Hypergols None 15 Yes DS 25,000 n/a 71,076 19,539 121,257
6 2 Hypergols None 15 Yes EDS 0 n/a 71,110 31,942 74,207
7 2 LOX/CH4 None 15 Yes EDS 0 n/a 71,280 32,803 72,432
8 2 LOX/LH2 (pump) None 15 Yes EDS 0 n/a 71,322 35,867 66,285
9 2 LOX/LH2 (pump) Ascent Stage 15 Yes EDS 0 100 71,742 41,213 58,026
10 3 Hypergols None 15 Yes EDS 25,000 n/a 72,999 48,045 50,647
11 3 LOX/CH4 None 15 Yes EDS 25,000 n/a 73,169 48,906 49,871
12 3 LOX/LH2 (pump) None 15 Yes EDS 25,000 n/a 73,212 51,969 46,958
13 3 Hypergols Ascent Stage 15 Yes EDS 25,000 50 73,615 55,924 43,878
14 3 LOX/LH2 (pump) Ascent Stage 15 Yes EDS 25,000 100 73,620 57,599 42,605
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Table 36: Scenario One, Non-Dominated Solution Bgton, Points 15- 27

Case# Group # Ascent Lander LEO Stay Re-fuel LEO LOI Additional Burn DS % LCC Payload $/Ib
Propellant Refueling Time Boiloff Maneuver (Ibm) Re-fueled (M) (Ibm)
15 4 Hypergols Descent Stage 15 Yes EDS 0 100 63,339 74,104 38,999
16 4 LOX/CH4 Descent Stage 15 Yes EDS 0 100 64,200 74,275 38,564
17 4 LOX/LH2 (pump) ~ Descent Stage 15 Yes EDS 0 100 67,263 74,317 36,829
18 4 LOX/LH2 (pump) Both 15 Yes EDS 0 100 73,116 74,854 34,126
19 - LOX/LH2 (pump) Ascent Stage 15 Yes EDS 50,000 100 73,989 75,438 33,986
20 - Hypergols None 15 Yes EDS 75,000 100 80,265 76,611 31,816
21 5 Hypergols Descent Stage 15 Yes EDS 25,000 100 87,794 76,668 29,109
22 5 LOX/CH4 Descent Stage 15 Yes EDS 25,000 100 88,655 76,838 28,890
23 5 LOX/LH2 (pump)  Descent Stage 15 Yes EDS 25,000 100 91,719 76,880 27,941
24 5 LOX/CH4 Both 15 Yes EDS 25,000 100 97,544 77,414 26,454
25 - LOX/LH2 (pump) None 15 Yes EDS 100,000 100 100,231 78,613 26,144
26 - Hypergols Ascent Stage 95 No EDS 100,000 100 103,927 79,343 25,448
27 - LOX/CH4 Ascent Stage 95 No EDS 100,000 100 104,055 79,462 25,455
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There are five remaining design variables whicmdbremain constant along the
Pareto frontier: the Ascent Stage engine, whichmeld performs the LOI maneuver, how
much additional propellant is burned during ascesich LSAM stage is re-fueled and
how much propellant is re-fueled. These designatdes can be grouped into five
categories that make up the design points alonfroinéer. The five groups are shown in
Figure 47, and the details of each are depicte@lainle 35 and Table 36. The thermal
management design variables are removed from tkesdes because they remain
constant along the frontier.

The four groups can be distinguished by their anpmntation of propellant
refueling and their values for the remaining desigmiables. For example, the only
change between Group One and Group Two is that@emaneuver is performed by
the descent stage in Group One and by the EDS aupgsTwo; the remaining design
variables are the same. The makeup of the five pgroalong the frontier can be
differentiated by the vehicle that performs the L@hneuver, the amount of additional
propellant burned during ascent, and the landegestdahat are re-fueled. The Ascent
Stage engine selection does not affect the makeétipeogroups along the frontier, but
rather forms a repeating pattern within each graupe following section will describe
how the remaining design variables define the gaafing the Pareto frontier.

The choices of ascent engine and LSAM refuelinghage create a repeating
pattern within each of the five groups. This pattean been seen by examining how the
ascent stage engine selection and LSAM refueliradesiy change for Cases 10 — 14. The
ascent stage engine follows the following pattehievmoving from low to high payload

capability within each group: Hypergols, LOX/CH40K/LH2 (pump), Hypergols
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LOX/LH2 (pump). This pattern is illustrated in Frgu49. The second Hypergol case is

italicized because it only occurs in some of theugs while the other four points are

always present. As an example of this trend, cengite points in Groups Three (Cases

10 — 14). The first three points include no landdueling while the final two points re-

fuel the ascent stage. This example is illustrateBigure 49, where the ascent engine

selection and LSAM refueling strategy are noted.
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This pattern is a result of the engine performaactors (Isp and T/\3) and the

amount of propellant offloaded from the LSAM. Theef cases in Group Three can be

used to outline this pattern. Cases 10 — 12 utiiaepropellant off-loading from the

LSAM while Cases 13 and 14 off-load all of the prlignt from the ascent stage. As a

result Cases 10 — 12 have a lower payload capahiidi LCC than Cases 13 and 14. This

is because, when propellant is offloaded from tB&AM, it is replaced with additional
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payload (constant gross mass); the more propeaiffioeded from the LSAM the greater

the payload. This increase in payload results innarease in LCC because additional
propellant must be purchased as more propellanffisaded. As an example, Case #13
provides an increase of 7,819 Ibm of payload owsec#10 and an increase in LCC of
$616M. The only difference between these two depijnts is the amount of propellant

offloaded from the LSAM.

This pattern also shows how the selection of gwelt stage engine affects the
lunar surface payload and the LCC of the architectiigure 50 illustrates the change in
payload for Cases 1 — 3 as the ascent engine chahige LOX/LH2 engine (Case #3)
has the highest Isp and TAMhich results in the greater payload. The LOX/QG4se
#2) and Hypergol (Case #1) have a comparable paybmrause they have similar
performance factors with Case 1 providing a lovegr &nd a slightly higher T/W The
performance factors affect the mass of propell&guired to complete the mission
maneuvers, a greater TA&nd Isp results in less propellant. The total noisbe LSAM
is held constant during this scenario, thus a @dseren required propellant leads to an
increase in the payload that can be deliverededuhar surface. This resulting change in
payload is seen in all five groups along the Pafietotier. The relative close vicinity of
these points suggests that the engine type, andh®iander is re-fueled, have less of an
impact on the life cycle cost of the architecturart the other design variables. The other

design variables contribute to larger jumps in bthLCC and payload capability.
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Figure 50: Change in Payload for Difference Endteeformance Parameters

The distribution of the five groups, shown in Figu7, can be explained by the
final two design variables: the stage that perfothesLOI maneuver and the additional
propellant burned during ascent. These two desagiables have the largest impact on
the payload capability and require the most prepelrefueling. The refueling of the
LSAM also provides a significant increase in thedusurface payload when the Descent
Stage is re-fueled in addition to the Ascent Stage.

As mentioned earlier, the only difference betw€saup One (Case #s 1 — 4) and
Group Two (Case #s 6 — 9) is that, in Group One,dbscent stage performs the LOI
maneuver, while the EDS performs this maneuver iou@ Two. Figure 51 illustrates
how the LSAM payload can be increased when the in@heuver is performed by the
EDS instead of the descent stage. The improvenaniglen the baseline and Case #7 is
noted in this figure. This change to the architexincreases the payload capability to the
lunar surface of the baseline architecture by mbam a factor of eight (3,619 Ibm to

32,803 Ibm) while only increasing the total LCC 8%%. An additional example that
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occurs between two points along the Pareto fromdi¢he increase in payload and LCC
between Case #2 and Case #7. The only change lmetivese two design points is that
the EDS is utilized for the LOI maneuver in Case His results in a 24,100 Ib increase
in payload (277%) and a $2.2B increase in LCC (3.1Phis payload improvement is
possible because removing the LOI maneuver fromL8®M’s manifest decreases the
propellant requirement by 40% (22,000 lIbm). Theeetavo potential possibilities for the
impact of this trade on the design of the architextThe first is that the overall size of
the LSAM can be reduced; a result that will be stigated more in Chapter 6. The
second option is that the LSAM can maintain theebas gross mass and increase the
payload capability of the vehicle by replacing L@l propellant with additional payload.
Both of these options can be seen in Figure 51ceSihe gross mass of the LSAM is
shifted down when it is not required to perform L& maneuver, it is able to achieve a
greater payload while maintaining the original grosass. In the ESAS study the EDS
was not used for the LOI because the CalLV did agtlhthe payload capability to deliver
the propellant required for the EDS to completéhldbe TLI and LOI maneuvers. In this
case, the LOI propellant is delivered to LEO sefadyaand therefore does not increase

the payload requirement on the CaLV.
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Figure 51: LSAM Gross Mass as a Function of Lunafé&e Payload

The change in design inputs from Group Two (Casé # 9) to Group Three
(Case #s 10 — 14) increases the amount of propddlaned on the second stage of the
CaLV during ascent. The LOI maneuver is completedhe EDS as in Group Two As
the second stage is also the EDS, there is a rgrint of propellant left in the stage
when the baseline vehicle reaches LEO. This prapeis then used for the trans-lunar
injection maneuver. Increasing the propellant bdrdaring the ascent phase of launch
increases the payload that can be delivered to I©the EDS would have insufficient
propellant to complete the remaining mission maeeslv The EDS then becomes
dependent on the propellant depot to provide tlupgilant required to complete the
lunar mission. Increasing the amount of propellantned during ascent does not
drastically improve the total payload capabilitylt&O, but rather increases the mission
payload by replacing the unburned propellant dedigteto LEO with mission payload.

The total payload is the unburned EDS propellaos phe LEO mission payload. This
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trade of TLI propellant for mission payload is show Figure 52. The four columns
represent the amount of additional propellant badirdaring ascent. The total payload
improvement is approximately 25,000 Ibm when alihef EDS propellant is used, but the
mission payload is increased by 250,000 Ibm. Theravement in mission payload is

more dramatic and directly leads to an overall mepment in lunar surface payload

capability.
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Figure 52: Change in Payload Capability as the AsBeopellant is Increased

The design space investigation included an ineré@agthe amount of propellant
burned on the upper stage of the CaLV between 0188000 Ibm. The designs in
Group Three utilize a 25,000 Ib increase in theenpgtage burn, which leads to a
corresponding increase in lunar surface payloaclbify of 16,100 Iom between Case
#7 and Case #11. This increase in payload is intiaddo the improvement already
provided by utilizing the EDS for the LOI maneuvatd refueling the propellant lost to

boiloff.
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The remaining two groups (Groups Four and Fivd)zata similar refueling
strategy to that employed in Group Three. The @I increased by decreasing the
amount of propellant that is delivered to LEO. Iro@ Three this was accomplished by
increasing the EDS propellant that is used dursgeat, and in Groups Four and Five
this is done by further increasing the propellas¢diduring ascent and by offloading
additional propellant from the LSAM. Since burnirglditional propellant does not
significantly increase the total payload, offloaglipropellant accomplished almost the
same result.

The design points in Group Four (Case #s 15 —at&)more closely related to
Group Two than they are to Group Three. In thisugrathe EDS performs the LOI
maneuver as in Groups Two and Three. The EDS wgtpge burn is unchanged from the
baseline design and propellant refueling is usegnaove the LSAM propellant prior to
launch. The distinguishing characteristic in Grokpur is that the Descent Stage
propellant is now offloaded for all points, wheready the ascent propellant had been
offloaded previously. All other design variablesnan the same between Groups Two
and Four. The increase in propellant refuelingeases the mission payload capability,
but it also results in a greater life cycle costéhese of the cost of providing propellant to
LEO. Examining Case #7 and Case #16 shows thapdaljpad can be increased by
31,400 Ibm (95%) when the descent stage propdbamifloaded. This also results in an
increase in LCC of $2.99B (4.2%). The descent magretequires approximately 57,000
Ibm of propellant which can be offloaded prior tuhch. With the LSAM propellant
removed, prior to launch, the CaLV is able to ldumsore mission payload to LEO

because additional payload capability can replaeeotf-loaded propellant. The increase

162



IS not one-to-one, however, because any increapaytoad also increases the descent
propellant needed.

The final group (Case #s 21 — 24) is a combinatib®&roups Three and Four.
This group utilizes propellant refueling to offloade Descent Stage propellant and
increases the amount of propellant that is burnedhe EDS during ascent. This is in
addition to refueling the propellant lost to boifl@nd utilizing the EDS for the LOI
maneuver. Including these two implementations afpplant refueling increases the
lunar surface payload capability to 88,000 Ibm @#82), but increases the discounted
life cycle cost of the architecture by $5B (7.2%).

The overall trend in the points along the fronséiows that as more propellant
refueling is added to the architecture, a greatgilgad can be delivered to the lunar
surface. This increase in refueling results in aeraase in the life cycle cost of the
architecture. This trend would likely continue ajomhe Pareto frontier, but it is
ultimately constrained by the physical limitationg the launch vehicle as discussed
earlier. A summary of the major driving design ohes between each of the five groups

is provided in Table 37.
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Table 37: Description of the Changes between tiie Groups

Initial End Major Driving Design Change Average Average
Group Group LCC Payload
- Group 1 Change from Baseline $69.2 B 11,100 Ibm
Groupl Group?2 LOI maneuver changed from DS to ED$71.3B 35,300 Ibm
Group2 Group 3 Burn an additional 25,000 Ibm $8.3 52,500 Ibm
Group 2 Group 4 Increase lander refueling $74.4 B 7,0@0 lbm
Group4 Group5 Burn an additional 25,000 Ibm $H.9 91,400 Ibm

In summary, the points along the Pareto fronti@wsthat an improvement in the
baseline architecture can be achieved. The previeation discussed how an
improvement to the baseline architecture could beomplished without introducing
propellant refueling. This section showed how fartimprovements could be made with
various implementations of propellant refuelingeféare three methods for improving
the baseline architecture. The first is to elimgndte dependence of the architecture on
the rate of propellant boiloff. This solution inases the payload capability and reduces
the life cycle cost, and is the only strategy tbat improve both Figures of Merit. The
second is to allow the EDS to provide both the &hd LOI maneuvers. This trade
provides a large increase in payload capabilitylevbinly slightly increasing the LCC.
The additional cost of propellant is balanced lgauction in the cost of the LSAM. The
final method is to reduce the amount of propelldatt the architecture must deliver to
LEO, either by burning additional fuel during asgeor by offloading the propellant
before launch. In either case, the payload capgbdiincreased as propellant is traded
for additional mission payload.

The amount of propellant refueling that shouldadepted depends on the demand

for lunar surface payload capability and the inseean LCC that NASA can absorb
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within its current budget. If an increase is nosgible, then there are propellant refueling
scenarios that exist that would not violate theenirbudget profile while still achieving
an improvement over the baseline architecture (G@ne). Additional scenarios will be
investigated in Chapter 7 to show that an increagsbe lunar surface payload can also
lead to a lower campaign cost. This occurs by ialgehow payload is delivered to the
lunar surface for the lunar campaign. The followssgtion will expand upon the results
in this section and discuss the efficiency of tifeecent propellant refueling methods at

delivering propellant to the lunar surface as comp&o the baseline architecture.

5.4 COST PERPOUND OF DELIVERING PAYLOAD TO THE L UNAR SURFACE

The previous section discussed the points alorgPdreto frontier, but did not
detail which points along the frontier would progithe most benefit to the exploration
architecture. By definition, the points along thentier are Pareto efficient and cannot be
distinguished without input from the decision makeéhis frontier says nothing about
which design should be selected only that it sha@ddne of these points if these where
the only decision criteria. Additional informatios needed about the preferences of the
decision maker in order to select the final design.

In addition to considering the Pareto frontierptler way to look at the results is
to compare the cost of delivering payload to theafusurface. In this section, the cost of
delivering a pound of payload ($/Ib) to the lunarface will be calculated. This includes
all development, operational, and refueling costoaiated with the lunar architecture. A
large amount of resources are required to devélepntfrastructure and hardware needed

to deliver the initial payload to the lunar surfag@nce this has been established,
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additional payload can be delivered at a much laxest. This work has investigated how

various propellant refueling techniques can be iagpto the baseline architecture to

improve the payload capability. This cost per powfigayload delivered to the lunar

surface for the points along the Pareto frontieshiswn in Figure 53. Because each point

along the frontier increases the payload capahilithe baseline architecture, the $/lb for

these points will be less than that of the baselifee degree of improvement in this

metric will depend on the cost of each propellaetueling case relative to the

improvement it provides the architecture.
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The ESAS baseline architecture has a lunar suifagéoad estimated delivery

cost of approximately $660,000/Ib using the methaglpin this dissertation. This result

is high because the architecture is designed twelted relatively small payload to the
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lunar surface, but requires an expensive infragirac When the entire LSAM mass is
considered payload, this value decreases to $3#)00the results in Figure 53 do not
include the mass of the LSAM, only the payload iedrrto the surface. This can be
considered all payload (no crew) or an Ascent Stagkan assumed payload for crewed
missions.

It is evident in these results that the use ofppHant refueling can drastically
reduce the $/lb of delivering payload to the lusarface. The $/Ib can be reduced to
almost one twentieth of the baseline value wherasgglects of propellant refueling are
applied to the architecture. However, this resulta large increase in the life cycle cost
of the architecture. It is still possible to redube baseline $/Ib by 90 percent without
increasing the LCC of the architecture. This isoagaplished by implementing Case #9
from Table 35. This design point includes both tiiézation of refueling to eliminate
propellant boiloff and the switch of the LOI maneuyrom the LSAM to the EDS. The
combination of these improvements greatly enhatieeefficiency of delivering payload
to the lunar surface.

The $/Ib curve presented in Figure 53 can be raki two regions of interest.
These regions include an initial area where a larggovement in the $/Ib is experienced
and a region where there is little to no improvetnd@he separation of these regions is
noted in Figure 54. The first region has the steegecrease in $/Ilb and represents the
points where the life cycle cost of the baselinehiecture is not increased by the
additional of propellant refueling. Since theseigles improve both the LCC and the

lunar surface payload the $/Ib experiences thetggedecrease from the baseline.
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The remaining designs build upon the refuelingesas Region One and thus do
not experience as large a drop in $/Ib. As additigmopellant refueling is added there is
a diminishing return on the improvement in the $lpayload to the lunar surface. This
diminishing return is evident by the decrease smglope of the curve as more propellant
refueling is added to the architecture. While thdsesigns continue to provide greater
payload capability, they also required a greate€LThe two competing FOMs result in
a smaller improvement in the $/Ib. This region edm the design points that increase the
payload capability by decreasing the amount of gltapt that the architecture is required
to deliver to orbit and replacing it with additidmaission payload. The results in Figure
54 show the separation of these two regions. Thadwement in $/Ib in the second

region is significantly less than in the first.
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The results discussed in the previous sectionnaatithe improvement in the cost
of delivering payload to the lunar surface. In firevious example the “payload” was
equal to the mission payload and did not includeeasstage of the LSAM. It is also
important to understand what the $/Ib of deliverihg “total payload” delivered to the
lunar surface. The “total payload in this casenete the mass that is delivered to the
lunar surface by the descents stage of the LSAMiadddes the ascents stage or an
additional cargo element. This is a useful caleohatvhen comparing the refueling ass to
a cargo only mission. In this example the improvethire the $/Ib of payload delivered to
the lunar surface is not as large because the weprent in payload between the baseline
and the refueling cases is not as large as wheagbent stag is not included. Since the
improvement in $/Ib is not as large it may be palesio achieve the same improvement
as the seen in the refueling cases by increasmgumber of cargo mission conducted
during the lunar campaign. A more detailed comparisf these two cases will be
investigated in Chapter 7. The marginal cost ohtuing an additional cargo mission
will be compared against the cost of refuelingdahehitecture elements.

The results for the $/Ib for the “total payloadégrovided in Figure 55. In these
results the baseline $/lb is $92,000/Ib, wheratagas $600,000/Ib when the ascent stage
was not included in the calculation. It is stillgstble to decrease the $/Ib by 50 percent
without increasing the LCC beyond that of the haselThis is achieved because of the
savings offered by eliminating the dependence @ffthitecture on the propellant lost to
boiloff. It was noted previously that this assurops my over predict the actual results

and would effect these results.
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It is useful to examine the $/Ib as a relativengefrom the baseline architecture.
This way, only the cost and benefits of refueling eonsidered and the comparative cost
of delivering the baseline payload is removed fithin calculation. This is known as the
marginal cost per pound. The marginal cost per gasrcalculated using the results of
Equation 6. As a result of this formulation, whdotied, the results are separated into

positive and negative values depending on the ittpabe exploration life cycle cost.

Cost- COS'i3ase|ine
Payload- Payloads;seline

M arginal %, = (6)

The results of this calculation for the designengl the Pareto frontier are

provided in Figure 56. These results are plottedires the lunar surface payload
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capability instead of the LCC to provide the maximpayload capability that can be
achieved without surpassing the LCC of the baseanohitecture. The first two groups
still show a decrease in the LCC, which is indidaby the negative values for the
marginal $/Ib. The designs in Groups Three throkiye show that the additional cost to
increase the lunar surface payload capability béy&®000 Ibm is less than $5,000/Ib,
significantly less than the cost of delivering trgginal payload. This result is expected
because the additional cost of adding propellafitetemg to the architecture is small

compared to the cost of the initial infrastructure.
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Figure 56: Marginal Cost of Increasing the Lunarf&e Payload

These results do not indicate which design is, dast rather provide additional
information about the points along the Pareto fesniThe discussion in the previous
section established that the architecture shouktate at one of the points along the

frontier in order to maximize the improvement irethaseline architecture. Since the
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other FOM do not significantly vary along the fri@ntthis should enable the best
refueling strategies to be identified. It may battbonsidering the remaining FOM could
results in different strategies. An additional stwdbuld help validate or invalidate this
assumption. The Pareto frontier provides the dewcisnaker with the capability to trade
the life cycle cost and payload capability of tmeh#&ecture. These results illustrate how
propellant refueling methods can be used to dehvgreater payload to the lunar surface,
and the cost associated with it. These tools Hedpdiecision maker evaluate the use of
propellant refueling and select the propellantegfiig methods that should be adopted by

the project management.

5.5 ASSUMPTIONS AFFECTING THE DESIGN POINTS ALONG THE FRONTIER

The Pareto frontier discussed in the previousi@®ds built around specific
assumptions about the nature of the architectudetlam ability to provide propellant to
the various architecture elements. These assunspileciude the cost of delivering
propellant to the architecture, the maximum payleallime that can be carried by the
CaLV and LSAM, the efficiency and cost of the thatrmanagement systems, the effects
of the two launch solution, and a number of otresuanptions that, if changed, could
affect the look of the frontier. The following sext will discuss a number of these
assumptions and how variations in these assumpdifbest the points along this frontier.
The results here will show that the points discdgseviously are robust and continue to

hold true even as the underlining assumptions ahang
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5.5.1 THE EFFECT OF AN UNCERTAIN PROPELLANT PRICE ON THE PARETO FRONTIER

The propellant delivery price is a difficult pararar to estimate and has a
significant impact on the LCC of the architectultewill be important to the decision
maker to understand how the Pareto frontier changabe price of propellant changes.
A propellant price of $2,000/lb was assumed for tbsults already presented in this
chapter, but as was discussed in Chapter 2 tlitstise lower bound of the potential cost
of propellant in LEO. The Pareto frontier for a petdant delivery cost of $3,000/lb and
$4,000/Ib is provided in Figure 57. These two frerst show a similar pattern to the
Pareto frontier discussed previously in this Chapte

There are only a few designs that differ betweba three frontiers. The
differences are circles in Figure 57 and summarirefiable 38. There is only one point
that appears on the original frontier that does apgear on the higher propellant cost
curves (Case #D1). This case, from the originalugrohree, is the additional Hypergol
ascent engine point that does not appear in thenagngine pattern of the other groups.
Section 5.3 discussed the ascent engine patterma@ed that this point was not present
in the other groups along the frontier. Hyperggropellants do not lose propellant to
boiloff, so as the price of propellant increashese designs become relatively lower cost
solutions because they require less propellanetprbvided to LEO. In Groups A and B
two new design points emerge that were not on tbetier at a propellant price of
$2,000/Ib. A third design point also emerges in@r€ that only appears on the frontier
at a propellant price of $4,000/Ib. These point?,(A3, B2, B3 and C3) form a new
group between original Group One and Two. This meaup is similar to the original

Group One, but includes an additional 25,000 Ibmpafpellant burned on the EDS
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during ascent. These points exist in the highempgltant price cases because these
designs utilize less propellant than the pointthenoriginal Group Two. At a propellant
price of $2,000/Ib, this new group is dominatedtoy original Group Two because of its
lower payload capability. As the price of propetlamcreases, the points in the original
Group Two show a larger increase in LCC than the geoup because the amount of
refueling required, and eventually these new poamés no longer dominated solutions.
The remaining points along the frontiers are thaesacross all propellant delivery costs,
suggesting that they are robust against a chanie iprice of propellant.

The points in Group 1 have been shown to offesveel LCC than the baseline
architecture, but as the price of propellant insesathis savings is reduced. At a
propellant price of $8,600/Ib there are no refugkolutions that offer a lower LCC than
the baseline design. However, propellant refueditiijoffers potential value because of it

ability to increase the lunar surface payload.
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Figure 57: Changes to the Pareto Frontier withdases in Propellant Cost
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Table 38: Summary of Pareto Frontier Changes gsefamt Price Increases

Case #

Ascent
Propellant

Lander
Refueling

LEO Stay Re-fuel LEO

Time

Boiloff

LOI
Maneuver

Additional Burn
(Ibm)

DS %
Re-fueled

LCC
(M)

Payload
(Ibm)

$/lb

Al
($2,000/1b)
A2
($3,000/1b)
A3
($4,000/1b)
B1
($2,000/1b)
B2
($3,000/1b)
B3
($4,000/1b)
c1
($2,000/1b)
c2
($3,000/1b)
c3
($4,000/1b)
D1
($2,000/1b)
D2
($3,000/1b)
D3
($4,000/1b)

LOX/CH4

LOX/CH4

LOX/LH2 (pump)

LOX/LH2 (pump)

LOX/CH4

LOX/CH4

None

None

None

None

Ascent Stage

None

15

15

15

15

15

15

Yes

Yes

Yes

Yes

Yes

Yes

DS

DS

DS

DS

DS

EDS

25,000

25,000

25,000

25,000

25,000

25,000

100

100

100

100

100

100

71,695

72,144

71,739

72,189

72,910

73,615

20,400

20,400

23,464

23,463

28,113

55,924

117,151

117,884

101,917

102,556

86,448

43,878
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5.5.2 THE EFFECT OF LAUNCH UNCERTAINTY ON THE PARETO FRONTIER

Another important sensitivity to investigate ieteeparation time between the
launch of the CaLV and CLV. The separation timelifferent from the designed loiter
period discussed previously in this chapter. Thgassion time represents the expected
time between the launch of the cargo and crew,enthié design loiter period represents
the additional margin built into the architectuneatccount for a delay in the launch of the
crew. The results presented in this chapter asshatehe separation time is seven days,
but it can be shown that decreasing this separdtior could greatly increase the
probability of launching the CLV within the desighdoiter period. Increasing this
probability reduces the potential number of missidhat are lost during the lunar

campaign, which decreases the LCC of the architecas shown in Figure 58.
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Figure 58: Effect of a Lower Launch Separation asgibn Success
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Propellant refueling eliminates the dependencehefarchitecture on the launch
timing of the CaLV and CLV by replacing the losbpellant once all of the architecture
elements have been delivered to LEO. This allowedEDS and LSAM to remain in
LEO for longer periods without decreasing the pagliacapability of the architecture.
Another potential means of reducing the impact ¢hahe and a half launch solution has
on the architecture is to launch both vehicles lasectogether as possible. This will
increase the likelihood that the second launch ckehithe CLV in this case, will be
launched within the original window. This is becaubere is less uncertainty in the
launch countdown within a 90-min period than over-day period, because outside
factors such as weather are more predictable. Whigher probability of launching the
CLV, the architecture can be designed for a sholdéer period without greatly
decreasing the reliability of each mission. A sboieparation time will decrease the
impact that propellant refueling has on the architee. NASA has also considered
switching the order of launching the Ares | and Ak In this scenario the crew would
be launched before the cargo. Since the ServiceuMaglies on storable propellant it
dos not experience the same level of propellaribthidhan is experienced on the EDS
and LSAM. The crew can then remain in LEO until S and LSAM are delivered
without the potential of losing a mission. The draack of this scenario is that the crew
must wait in LEO until the Ares V is launched; ieasing the risk they are exposed to
during the mission. This could also lead to a situawhere the crew are forced to return

to Earth without completing a mission if the Aress\lelayed beyond a specified time.
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Figure 59: Sensitivity to Assumptions in LEO Bofl&fefueling

The results of this sensitivity study are providiedrigure 59. The Pareto frontier
is again provided assuming of propellant refuefinige of $2,000/Ib. Three groups have
been noted in this chart to illustrate how the giesd loiter period, and launch separation
time impact the architecture and how these solatammpare to the refueling case where
the propellant is replaced in LEO. The designsiaups One and Two do not re-fuel the
propellant lost to boiloff as in the baseline dasighe designs in Group One are for a 95-
day loiter period and the designs in Group Twofare 15-day loiter. These points show
the same results presented previously in this @napthe shorter the loiter period the
greater the payload capability (less boiloff), the higher the life cycle cost because of
the degradation in the mission success probal(ktgure 58). The new information
shown in Figure 59 is that when the launch separdime is reduced from 7-days to 90-

min the LCC of the architecture is reduced. Thesilts do not include any additional
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cost to account for the operational cost of twon&ucount downs occurring in close
proximity. The shorter separation time reducesnin@ber of missions that would be lost
over the life of the lunar campaign which leadsiteeduction in LCC. This trend is seen
in both Groups One and Two. A larger decrease i€ i€ seen for the shorter loiter
period as it has the higher probability of losinghesion so the reduction in separation
time has a greater impact on the launch success.change in LCC between these two

groups for the different launch separation timed design loiter periods is provided in

Table 39.
Table 39: Change in LCC with a Change in LaunchaBsmn
P(7-days) LCC(7-days) P(90-min) LCC(90-min)
Group 1 0.947 $72B 0.998 $69.5B
Group 2 0.804 $75B 0.969 $71B

The reduction in separation time improves the depignts, but it does not bring
them onto the Pareto frontier. The designs in Grblugee utilize refueling to replace the
propellant lost to boiloff. In this case, decregsihe separation time has little impact on
these designs. Since the architecture elementbéado remain in LEO for any period of
time, reducing the launch separation time onlytgligincreases the amount of propellant
that must be delivered to LEO, and has no impadherpayload capability. The designs
in Group Three also include the points along theet®arontier (Cases 1 — 4, Table 35).
The frontier does not include the non-refuelingesagven when the launch separation is

assumed to be as low as 90 minutes. The desighstiet shorter separation time are
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moved closer to the frontier than those with thigioal seven day assumption, but still
result in a greater LCC and a smaller payload aéipaliHowever, decreasing the launch
separation time lowers the LCC below that of tHaekng cases that utilized the EDS for
the LOI maneuver (Cases 6 — 9, Table 35). The L&GHhese cases are noted in Figure
59. It is clearly shown that the LCC for the desigm Groups One and Two are moved
below this line when the launch separation in gbftom 7-days to 90-min. The 90-min
separation cases are still dominated by the froritiet they are no longer dominated by
the refueling cases that utilize the EDS for thd h@@dneuver because these points offer a
lower LCC. The decision maker must now consider itnpact to the LCC when
considering the EDS for the LOI maneuver. The lauseparation time does have a
significant effect on the LCC of the architectubet the ability to replace the propellant
lost to boiloff while in LEO is still shown to offea better architecture solution at a

propellant price of $2,000/Ib.

5.6 SUMMARY OF NON-DOMINATED SOLUTIONS

In summary, the results illustrate that the basedirchitecture can be improved in
terms of payload capability and LCC with the aduhtof propellant refueling. It was also
shown that there are design alternatives thatmog@nave the baseline design, without the
use of propellant refueling, by altering the enginsed on the LSAM ascent stage. A
Pareto frontier was identified to define the sePafeto-optimal solutions that bound the
design space. These solutions show that there esigrd variables that are consistent
among all points along the frontier. In fact, th#fedence between each group is

primarily due to a single design variable that @ases the amount of propellant refueling
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in the architecture. The robustness of these desiga also been discussed in comparison
to the cost of delivering propellant to the arcttikee. It was shown that the frontier was
not significantly altered despite a propellant grincrease from $2,000/Ib to $4,000/Ib.
The final conclusion from this section is that titdization of propellant refueling can
greatly improve the capability of the architectwi¢hout a large increase in the LCC, and
is robust against changes in the propellant dsfliverst. There are, however, only a
limited number of cases that can achieve a lowe€ \M@th the addition of propellant
refueling. Chapter 6 will discuss how propellanfueding can be used to specifically

reduce the LCC of the exploration program.
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CHAPTER 6

A PARETO FRONTIER FOR LEO PAYLOAD

CAPABILITY AND LIFE CYCLE COST:

SCENARIO TWO

The Pareto frontier discussed in Chapter 5 wasSfmenario One, which used
propellant refueling to increase the payload cdppgluif the architecture. This generally
required an increase in life cycle cost becaugdefdditional propellant costs. The goal
of Scenario Two is to reduce the life cycle costhef architecture while maintaining the
same lunar surface payload capability. The intrtidacof propellant refueling reduces
the size of the architecture elements because thelydry mass of the in-space stages
need to be delivered to LEO instead of the totakgmass that includes propellant. The
pros and cons of Scenario Two will be discussethis chapter. This chapter will also
include a discussion of the LEO payload capabugysus life cycle cost Pareto frontier.
These results will be similar to those presente@hiapter 5 and will identify the design
points that provide the most benefit to the ardhitee. A comparison will be made
between the results for Scenarios One and Two,nttenstand the overall effect that
propellant refueling can have on the exploratiarhéecture.

The results presented in Chapter 5 showed how [paopeefueling could be used
to increase the payload capability of the lunarlengion architecture. It is possible;
however, that increasing the payload capabilitysdoet provide additional value to

NASA. The development of Scenario Two attempts ddress this point by utilizing
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propellant refueling to lower the life cycle costtbe architecture while maintaining the

same lunar surface payload capability. This isead by reducing the size and mass of
the architecture elements as the performance eqemts of the vehicles are reduced
through the introduction of propellant refuelinghel methods for architecture elements

sizing discussed in Chapter 4 were utilized inahalysis presented in this chapter.

6.1 DEVELOPMENT OF A PARETO FRONTIER FOR SCENARIO TWO

Scenario Two’s design space is similar to thatadrtario One, though one design
variable is changed. Rather than increasing theuaimof EDS propellant used during
ascent to increase the payload capability, somepfdybellant is offloaded to reduce the
LEO payload requirement on the CaLV. The morphaalgmatrix for Scenario Two is
provided in Figure 60. In Scenario Two, the lunaiface payload capability could not be
used as one of the metrics for the design compars® this quantity remained constant
among all design points. Therefore the total LEQIged capability is used. The total
LEO payload is a summation of the mission payld=8AM) and the in-space propellant
(TLI) delivered aboard the EDS. This metric waestd because it represents one of the
major drawbacks of this design philosophy: An aexdture which is less extensible to
future missions. As more propellant refueling idized, the CaLV becomes smaller,
which decreases total payload capability that #umt¢h vehicle can deliver to LEO. The
use of propellant refueling can reduce both thesiminspayload (smaller LSAM) and the

in-space propellant (offloading TLI) while maintaig the same lunar mission capability.
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Design Variable Design Options
Offload TLI
propellant (LOX) 0 25,000 Ibs 50,000 Ibs 80,000 Ibs
Offload TLI
propellant (LH2) 0 5,000 Ibs 10,000 Ibs 20,000 Ibs
EDS Boil-off
Mitigation MLI MLI+Cryo
Lander Stage None Descent Ascent Both
Re-fueled
Lander Propellant 50% 100%
LSAM Ascent LOX/LH2 LOX/LH2
Propellant LOX/CH4 Hypergols (pressure) (pump)
Lander Boil-off
Mitigation MLI MLI+Cryo
LOI Burn Element EDS LSAM DS
LEO Required Stay 95 Days 15 Days
Time
Re-fuel Boil-off No Yes

Figure 60: Design Space Morphological Matrix, Scenawo

The method for determining the points along theet®afrontier developed in
Chapter 5 (Section 5.1) was again applied to tlsggds in Scenario Two. This method
determines which points within the design spacePameto optimal. The Pareto frontier
and the dominated solutions are provided in Figete Section 5.2 will discuss the
designs along this frontier, and Section 5.3 widicdss how this frontier changes as the

price of propellant changes.
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Figure 61: Pareto Frontier and Design Points f@nado Two

There are two general trends that can be seeneimeults of the trade space
exploration shown in Figure 61. The first is thiaé introduction of propellant refueling
can provide a lower cost solution than the curtegeline design. A reduction of seven
percent in the total life cycle cost can be achieviehe second trend is that, as discussed
earlier, the introduction of propellant refuelingatleases the LEO payload required to
meet the lunar mission requirements and thus #es siass, and cost of the architecture
elements as shown in Figure 61. The following sestiwill discuss the points that
dominate the design space (Pareto frontier) andigeoa breakdown of the design

variables throughout this design space.
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6.2 DESIGN TRENDS IN THE NON DOMINATED SOLUTIONS

The points along the Pareto frontier can be bral@mn into three distinct groups
that share a number of commonalities among theiigds. These three groups are noted
for the Pareto frontier shown in Figure 62, whigpigts the same frontier that is shown
in Figure 61, but with the dominated solutions rggth A summary of the design points
along the frontier are also provided in Tables Ad 42. There are three design variables
that do not appear along the frontier: off-loadmglrogen from the CalLV, off-loading
oxygen from the CalLV, and off-loading propellardrfr the LSAM, and there inputs are
set to the baseline value of zero. These desigahlas lead to a decrease in the payload
capability delivered to LEO by the CalLV and resuitsa decrease in the LCC of the
architecture. Utilizing these methods to offloadp®llant from the EDS and LSAM does
provide a lower cost solution than the baseling, thase points do not appear on the
frontier because there are other propellant raigetechniques that offer a lower LCC.
This will be explained further in Section 6.4. Tékere, while offloading the in-space
propellant can improve the baseline architectunes technique is dominated by other
propellant refueling strategies. The designs aliig) frontier assume a propellant price
of $2,000/Ib. It will be discussed in Section Statt at a propellant price of $1,500/Ib,
that a limited number of solutions appear along tramtier that offload in-space
propellant. The remaining design variables varynglthe frontier and are discussed in

the following sections.
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Figure 62: Scenario Two Pareto frontier Groups

6.2.1 DESIGN POINTS IN GROUP THREE

The designs in Groups One (Case #s 14 — 21) aadpGrwo (Case #s 1 — 10)
utilize propellant refueling in some respect while designs in Group Three (Case #s 11
— 13) do not. The appearance of non refueling dega@nts on the frontier is different
than was seen in Scenario One, where all non retualases were dominated by
propellant refueling designs. The three points moup Three offer the greatest payload
capability because the CalLV remains at or nearoitginal size, and its payload
capability is not reduced through the use of prepélrefueling. These three designs
must also account for propellant lost due to bbiwfd therefore have a chance of losing
a mission when a significant delay occurs betweemdhing the crew and cargo, thus
resulting in an architecture design with a hights tycle cost than those that utilize

propellant refueling. The baseline design also appalong this frontier, offering the
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highest LEO payload capability, but also the high&3C. The designs in Group Three
differ only by the LSAM ascent engine and the th@rmanagement system employed on
the Descent Stage as shown in Table 41. All otesigth options remain the same as the
baseline design. These differences have little ahpa the payload capability and LCC
of the baseline design, improving the LCC by ldsemntone percent and decreasing the

payload capability by less than four percent.

6.2.2 DESIGN PoOINTS IN GROUPTWO

The remaining points along the frontier utilizeopellant refueling and are
referred to as Group One and Group Two in FigureTéigse two groups include two
significant implementations of propellant refuelingg Group Two, the only use of
propellant refueling is the ability to replace gmppellant lost to boiloff while the EDS
and LSAM loiter in LEO, except that the AS is rdfng in cases 1 and 2. This reduces
the amount of propellant that must be carried tOLUty the CaLV, resulting in a smaller
launch vehicle. Refueling the propellant lost taldfdalso reduces the probability that a
mission will be lost because the EDS and LSAM camain in LEO for an extended
period of time before the crew are launched, prengrihe loss of hardware (EDS and
LSAM) and the need to re-launch it (CaLV). A moretalled description of the
architecture benefits of eliminating propellantlbfiiwas presented in Chapter 5.

In general the design points in Group Two onlyizéi propellant refueling to
replace the propellant lost to boiloff, with theception of Case 1 and 2 (Table 41).
These two cases also include offloading a smalluarhof propellant from the LSAM in

addition to refueling the propellant boiloff in @dto further reduce the payload the
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architecture must deliver to LEO. These two poars inferior to the rest of the points
within Group Two because they experience a largeedse in capability for only a slight
decrease in LCC. Table 40 illustrates the redudobhCC and LEO payload capability
when the Ascent Stage of the LSAM is re-fueled. .B Percent reduction in LCC is
achieved while the payload capability is reducedlBypercent. This demonstrates that
offloading the in-space propellant provides littlenefit to the architecture because the

LCC savings is small as compared to the reductigrayload.

Table 40: Relative Improvement in Groups 2 Desigmi3

Payload % from Baseline LCC % from Baseline
Case #1 5.2% 19%
Case #6 4.7% 9.9%

The initial introduction of propellant refueling teplace the propellant boiloff
offers benefit to the architecture as it is capableeducing the LCC by 4.7 percent with
only a 10 percent reduction in the payload that lvardelivered to LEO. It is up to the
decision maker to determine if the tradeoff of pay for LCC is an overall benefit to the

architecture.
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Table 41: Summary of Pareto Frontier, Groups Twae Hree

Case # AS AS DS Lander EDS Re-fuel LEO LEO Stay LOI Additional DS % LCC Payload
Propellant Thermal Thermal Refueling Thermal Boiloff Time Maneuver Burn Re-fueled  ($M) (Ibm)
(Iom)

1 LOX/LH2 MLI MLI Ascent Stage Cryo-cooler Yes 15 DS 0 0 67,946 287,077
2 LOX/LH2 MLI MLI Ascent Stage MLI Yes 15 DS 0 0 68,191 287,557
3 LOX/LH2 MLI MLI None Cryo-cooler Yes 15 DS 0 0 68,235 298,688
4 LOX/LH2 Cryo-cooler MLI None Cryo-cooler Yes 15 DS 0 0 68,285 300,510
5 LOX/LH2 MLI Cryo-cooler None Cryo-cooler Yes 15 DS 0 0 68,309 301,927
6 Hypergol MLI MLI None Cryo-cooler Yes 15 DS 0 0 68,309 319,636
7 Hypergol MLI MLI None Cryo-cooler Yes 95 DS 0 0 68,509 321,396
8 Hypergol MLI MLI None MLI Yes 95 DS 0 0 69,239 324,740
9 Hypergol MLI Cryo-cooler None MLI Yes 15 DS 0 0 68,756 323,528
10 Hypergol MLI Cryo-cooler None MLI Yes 95 DS 0 0 69,276 328,136
11 Hypergol MLI Cryo-cooler None MLI No 95 DS 0 0 71,195 345,337
12 Hypergol MLI MLI None MLI No 95 DS 0 0 71,433 354,188
13 LOX/CH4 MLI MLI None MLI No 95 DS 0 0 71,710 354,684
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The thermal management system for the EDS isdjlgian active system, while
the LSAM is typically passive on both stages. Cdsasd 3 provide an example of this
result. This difference is due to the total amooinboiloff that occurs between the two
vehicles. The EDS experiences a larger total bdilefn the LSAM because of the larger
volume of propellant that it carries. The additmina cryo-cooler reduces the amount of
propellant that must be delivered to LEO to provaddficient propellant to re-fuel the
architecture elements. The trade off for utilizengryo-cooler depends on the cost of the
system verses the cost of providing propellantE®L Chapter 7 will further address this
issue and discuss which of these options is peddedepending on their relative costs.
The use of passive systems is always favored oS8V because the total boiloff is
small. The primary improvement to Group Two is ithieoduction of propellant refueling
to replace the propellant lost to EDS boiloff, aling the architecture to remain in LEO

for an extended period of time.

6.2.3 DESIGN PoINTS IN GROUPONE

The designs in Group One introduce the refuelingtegy to allow the EDS to
perform the LOI maneuver rather than the DesceagesSof the LSAM. The design points
in Group One are summarized in Table 42. In thsecthe LSAM LOI propellant is
removed (30,000 Ibm), which allows the size and smafsthe LSAM to be reduced.
Section 5.3 provided a summary of how the sizenefltSAM is affected by removing
the LOI maneuver from its mission requirements. fidgtkiced LSAM mass decreases the
payload requirement on the CaLV, which leads tmalker launch vehicle design. Group

One offers the lowest cost solution because thdlamaSAM results in a lower cost
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solution for both the LSAM and the CaLV. Case #i@nhtf Group One provides a 2.2
percent reduction in the LCC as compared to Cadeo#3 Group Two. The only design
change between these two cases is which stagerpsriibe LOI maneuver. This is a
small reduction in LCC compared to the 28 perceduction in LEO payload that is a
result of removing the LOI propellant from the dgsibf the LSAM and providing it to
the EDS once delivered to LEO. The design point&Slioup One follow the same trends
seen in Group Two with respect to the thermal mamamnt system and LEO loiter
period. The design points favor the use of a cyoler on the EDS and MLI and the
LSAM and, because the propellant boiloff is re-aklthe designs also favor the use of a
15-day loiter period.

No other uses of propellant refueling are activanglthe frontier; this indicates
that allowing the EDS to perform the LOI maneuviters the lowest cost solution to the
architecture because it has the largest impacthenntost architecture elements. The
disadvantage of this solution is that the lower LCGmes at the expense of a
significantly lower LEO payload capability. A sevparcent decrease in LCC is obtained
between case # 11 (baseline) and case # 14 abshefca forty percent decrease in LEO
payload capability. While this does not impact therent plans for the lunar campaign it
will make it more difficult to expand the architaot to other missions, especially if large
payloads are required.

The Pareto frontier is primarily defined by theotpropellant refueling strategies
presented in Groups One and Two. The remaininggdesriables either do not change
from their baseline values or have a small effetttlle LCC and the LEO payload

capability. This result was also seen in Scenarime,Owhere the introduction of
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propellant refueling provided the largest impacttba architecture, and the remaining
designs variables (ascents stage engine and threadhmanagement system) resulted in
small changes around the main refueling strategis. Pareto frontier illustrates that the
selection of a propellant refueling strategy hasueh higher impact on the architecture
figures of merit than the other design variablemdpéraded including: the selection of
the LSAM ascent engine, the boiloff thermal manageinsystem, or the length of the

LEO loiter.
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Table 42: Summary of Pareto Frontier, Group One

Case#  AS Propellant AS Thermal DS Thermal Lander EDS Re-fuel LEO LEO Stay LOI Additional DS% Re- LCC ($M) Payload
Refueling Thermal Boiloff Time Maneuver Burn (Ibm) fueled (Ibm)

14 LOX/LH2 MmLI MLI None Cryo-cooler Yes 15 EDS 0 0 66,710 214,171
15 LOX/LH2 Cryo-cooler MLI None Cryo-cooler Yes 15 EDS 0 0 66,769 215,522
16 LOX/LH2 MLI Cryo-cooler None Cryo-cooler Yes 15 EDS 0 0 66,780 215,808
17 Hypergol MLI MLI None Cryo-cooler Yes 15 EDS 0 0 66,861 229,702
18 Hypergol MLI MLI None Cryo-cooler Yes 95 EDS 0 0 67,012 231,108
19 Hypergol MLI MLI None MLI Yes 95 EDS 0 0 67,461 233,450
20 Hypergol MLI Cryo-cooler None MLI Yes 15 EDS 0 0 67,105 231,715
21 Hypergol MLI Cryo-cooler None MLI Yes 95 EDS 0 0 67,508 235,188
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6.3 EFFECT OF PROPELLANT PRICE ON THE PARETO FRONTIER

One of the largest uncertainties when introducingpellant refueling into the
lunar exploration architecture is the cost of pdowy propellant to LEO. In the results of
Section 6.2, a propellant price of $2,000/Ib wasuased. As the price of propellant
increases, the designs which rely heavily on ptaperefueling become increasing less
attractive because of their increase in LCC. Ar@pgpllant price greater than $3,000/Ib,
the designs in Group One become dominated by Glaup because they now have a
higher LCC with the already lower payload capafilithe designs in Group Two utilize
less propellant and are therefore not as affecyeainbincrease in price as are the design
in Group One. This section will discuss how thenpmialong the Pareto frontier change
as the assumed price of propellant changes. A nuofld@areto frontiers are provided in
Figure 63 with varying assumed propellant procddss figure includes the Pareto
frontier discussed in the previous section alonthpwwvo additional curves that assume a
price of $3,000/Ib and $1,500/Ib. These illustriatev the frontier changes as a function

of propellant price.
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Figure 63: The Effect of a Change in Propellanté&dn the Pareto frontier

The design points in Group One (Case #s 14 - ai¢ the largest dependency on
the price of propellant because they require ptaptlrefueling of any of the design
points considered in Scenario Two. Therefore, ¢ghaip has the largest fluctuations as
the price of propellant changes. There are twodBeio consider when evaluating the
effect of a change in propellant price. The fisshow one group changes relative to the
rest of the Pareto frontier, and second is howpthiets within each group change relative
to each other.

When the price of propellant decreases from $2|0G6/$1,500/Ib as shown in
Figure 63, the design points in Group One shift tloelative to the rest of the designs
along the frontier. This is because a larger amaifnpropellant is required for the
designs in Group One as compared to the rest ofrdinéier. As the price of propellant
decreases, the general shape of the frontier remaiact with Group One, becoming a

relatively more attractive solution. When the praepropellant increases, the frontier
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begins to take on a different shape. Figure 64 shbaw the shape of the frontier
changes as the price of propellant increases. gkbpellant price of $3,000/Ib, the LCC
for the points in Group One are only slightly léksan the design in Group Two, while
offering a significantly lower LEO payload. As tipeice of propellant increases from
$3,000/Ib to $4,000/Ib, the design points in Gradpe completely disappear from the
frontier. This is because the LCC of Group One bhez®d greater than Group Two, and
since Group One offers a lower LEO payload, thegobhee completely dominated by
Group Two. At a propellant price of $4,000/Ib, thaue of utilizing the EDS for the LOI

maneuver is eliminated as it is no longer capabtdfering a lower cost solution.
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Figure 64: Propellant Price for the EliminationGfoup One from the Frontier
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Examining the points in Group One closer, as showhigure 65, it is evident
that there are changes to the points that appehmwthis group as the propellant price
increases or decreases. As the price of propellaateases from the initially assumed
$2,000/Ib, there are three additional points thgiear on the new frontier. These are
noted by the red circles in Figure 65. Point Badtices a new design that does not utilize
a cryo-cooler on the EDS, but instead uses a padsikl system. This case still
implements propellant refueling to replace the phiamt lost to boiloff so that the EDS
and LSAM can remain in LEO as long as needed. WithEDS now utilizing MLI,
instead of a cryo-cooler, a greater amount of dlapeis required; however, at the lower

propellant price, MLI becomes a better solutiomthdding the cryo-cooler to the design

of the EDS.
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Figure 65: The Effect on Group One of a Changerap€llant Price
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The points in Group C offer a new propellant réhgestrategy that is not seen at
a propellant price greater than $1,500/Ib. These gaints offload some TLI propellant
from the EDS. This reduces the payload requirementghe launch vehicle greatly
reducing it size and cost. This design point isse&n on the frontier at a propellant price
of $2,000/Ib or greater because the cost of praptis more than the savings generated
from the smaller architecture elements. In these tases, 50,000 Ibm of LOX is
removed from the launch vehicle and provided dfierEDS is delivered to LEO; this is
equal to 15 percent of the total LEO payload. Wthis new design doesn’t offer as low
a cost solution as utilizing the EDS for the LQIgoes provide an in-between point that
trades the cost and benefits between Groups On&wodA lower LCC is achieved than
in Group Two with sacrificing as much LEO payloadia Group One.

As the price of propellant increases, the numbedeasigns in Group One
decrease. The designs that require a greater ambpndpellant begin to disappear first,
and this trend continues until all points are gahe propellant price of $4,000/lb, as
discussed previously in this section. The firseéhpoints that disappear are those that
utilize a passive thermal management system o&B noted as Group A in Figure 65.
These three MLI cases require a greater amountopigiant refueling and thus become
dominated as the price of propellant increasess thange shows that a cryo-cooler is
the best option for the EDS thermal managementesysat a propellant price of
$2,000/Ib. If a price of $1,500/Ib can be achievibdn the cost of providing propellant
becomes less than placing a cryo-cooler on the ED&,a passive thermal management

system becomes the superior architecture choice.
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The design points in Group Two (Case # 1 — 10]eTdlh) are not greatly affected
by a change in propellant price, and in most casesnotable change is seen. These
points utilize propellant refueling to replace tive@pellant lost to boiloff. The boiloff for
the LSAM can range from 500 to 5,000 Ibm dependingthe LEO stay time and the
ascent engine selection. In the cases where theufil¥®s a cryo-cooler, this is the total
amount of propellant that must be delivered toatahitecture, resulting in a very small
change in LCC as the price of propellant changdseMthe EDS does not utilize a cryo-
cooler, the quantity of propellant required carréase by more then 400 percent as the
EDS is a much larger propellant storage system tiah SAM. In these cases, there is a
larger dependency on the price of the propellanth®f these cases are noted in Figure
66; the relative change can be seen for the vapoysellant prices.

The initial two points, noted as Group A (Case$ &nd 2), also have a larger
amount of refueling, because in these two desitdres,Ascent Stage of the LSAM is
empty during launch to LEO, after which it is reefed. This equates to an additional
10,000 Ibm of additional propellant that must bevuled to the architecture. Case #1
disappears from the frontier at a propellant po€e3,000/Ib, while Case #2 remains.
This is because Case #2 utilizes a passive thamaahgement system on the EDS and
requires a greater amount of propellant duringaigig than Case #2 which utilizes a
cryo-cooler on the EDS. In general all designs roup Two have a smaller dependence
on the price of propellant than those in Group (®eeause they use less propellant
refueling. These results also illustrate that, ewwna high propellant price, the
introduction of propellant refueling would provider a lower cost solution than the

current baseline design. This is because the ¢dsegropellant is a small portion of the
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total LCC (less than 1%) and, even with a significancrease in the price of the

propellant, the LCC is only slightly increased.
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Figure 66: The Effect on Group Two of a Changeriopellant Price

6.4 EXPLORATION OF THE DESIGN SPACE WITHIN THE FRONTIER

In addition to understanding the designs that ¢all the Pareto frontier, it is
important to understand the designs that fall pfstthis frontier. With the uncertainty
that is associated with developing the propellafiieling technology, it is important to
understand how much variation can be handled alomdrontier before the non refueling
cases begin to dominate. The results of Figure$8,7and 69 will demonstrate how the
design space, within the frontier breaks down faumber of the design variables: which

stage performs the LOI maneuver, whether propellafiteling is used for propellant
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boiloff, and whether propellant should be removeainf the design of the EDS. The
greater the distance between the frontier and trerefueling design points, the less
concern there is about the uncertainty in develppims capability. If the non refueling
cases are right along the border of the frontiagpellant refueling becomes a
considerably more risky venture, as any variatromfthe baseline assumptions degrades
the value of this choice.

Figure 67 illustrates which design points utilitee EDS and which use the
LSAM for the LOI maneuver. The Pareto frontier veaét into two refueling groups: the
first utilized the EDS and provided the greatestrdase in LCC, and the second group
continued to use the Descent Stage and providedolea decrease in LCC, but also a
better LEO payload capability than Group One. Tasigh space in the vicinity of each
of these groups shows the same results as seée fnontier. In fact there is a distinct
trend that shows the use of the EDS in the lowdr dfathe design space and Decent
Stage in the upper half. There is a middle setabé that shows a lot of overlap between
the two choices, but this is due to the influentether design variables that are not
considered here. The distinct split shows thatzitd) the EDS for the LOI maneuver
instead of the LSAM forces the decision maker #dér improvements in one FOM
(LCC) for a reduction in the other (LEO payloadhid is not the case for utilizing
propellant refueling to replace the LEO boiloff, thgs option is always active along the

frontier where propellant refueling is considered.
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Figure 67: Lunar Orbit Injection Maneuver Breakdown

The results in Figure 68 depict the use of prapellrefueling to replace any
propellant lost due to propellant boiloff, whetloer the EDS or LSAM. The results here
show a similar split as seen in Figure 67, butdésign space is split horizontally instead
of vertically. This horizontal split shows that throduction of propellant refueling in
this manner is a benefit to the architecture irtespif the selection of the remaining
design variables. There is also a large gap betwefrontier and those points that do
not utilize this option for propellant refuelingxeept near the baseline where no
propellant refueling is considered. This would aila significant increase in the cost of
propellant refueling to be absorbed before thiatsgly would become a higher cost
solution. These are both promising traits that Helper the risk of implementing this

capability into the lunar exploration architecture.
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Figure 68: LEO Propellant Boiloff Refueling Breakdo

The final figure, Figure 69, depicts the impactremoving the TLI propellant
from the design of the EDS and providing it in LEThe blue points in this figure
represent all design in which some quantity of ptigmt was removed from the design of
the EDS. This includes just one of the propellgihSX or LH2) or both and in the
various quantities outlined in the Morphological thkba In general, the trend in these
results shows that the cost of removing this pilapelhas little effect on the overall
design of the architecture, assuming a propellané f $2,000/Ib. At this price, the cost
of propellant is slightly more than the savingsiaeéd by reducing the size of the CalLV.
The reason this option is not active on the fronethat it offers the same cost, but
results in a lower the payload capability. Therenmwvever, less of a separation between
the frontier and these design points; it was shmw®ection 6.3 that lowering the price of

propellant to $1,500/Ib would bring some of thesénts onto the frontier. A similar
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result is also seen if larger cost savings couldati@eved by reducing the size of the
launch vehicle. This becomes a possibility if a newhnology development programs

are required to help mitigate unexpected mass growtthe CalLV or LSAM.
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Figure 69: Breakdown of EDS Propellant Removal

The results of Figures 67 - 69 help to show thrustness of propellant refueling
strategies against changes in the assumptions eofattalysis. If small changes in
assumptions can negate the benefits of introduttireycapability into the architecture,
the risks of implementation become too great. Téwmults in Figure 67 and Figure 68
provided limited evidence that the introduction fopellant refueling to mitigate
propellant boiloff and to allow the EDS to perfortme LOI maneuver is relatively

insensitive to changes in propellant refueling agsions.

205



6.5 COST PERPOUND OF DELIVERING PAYLOAD TO LEO

An important metric discussed in Chapter 5 wascthst of delivering a pound of
payload to the lunar surface as shown in FigureTsfss was useful when discussing
Scenario One because the introduction of propetifoieling changes both the payload
capability and the LCC. This cost per pound metras then used to track the relative
change in both values. In Scenario Two, the lunafase payload remains constant, so
this metric would track the change in the LCC onmWich was discussed along with the
Pareto frontier presented previously in this chaptenay, however, be useful to look at
how the cost of delivering payload to LEO changeth the introduction of various
propellant refueling strategies. This metric iscoddted by dividing the LCC by the total
payload delivered to LEO during the lunar campaifms metric is plotted in Figure 70

as a function of the LCC and propellant price.
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Figure 70: Effect of Propellant Refueling on Pagdzapability, LCC and $/Ib
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This metric, “cost per pound of payload to LEQIistrates that the introduction
of propellant refueling increases the cost of dglivg payload to LEO. This is because
the LEO payload capability is reduced by up to €@cent, while the LCC is at most
reduced by seven percent. Since the LCC is deadasa smaller amount, the cost per
pound to LEO increases. The cost per pound for e increases by nearly $4,000/Ib
from the baseline value. The difference betweenbtmseline and Group Two is smaller
because there is a smaller decrease in payloaditgpahile achieving nearly the same
improvement in LCC as Group One. The differencecast per pound between the
baseline and Group Two is $500/Ib, an order of madga smaller increase than seen for
Group One.

The focus of Scenario Two is to decrease the @oite lunar campaign without
reducing the lunar surface payload capability ofheanission. The introduction of
propellant refueling accomplished this goal because able to lower the LCC while
holding the lunar surface payload capability comistAs shown in Chapter 5, the cost per
pound to the lunar surface could be greatly reddleexligh the introduction of propellant
refueling, which greatly increases the payload baafor a small additional cost to the
architecture. In Scenario Two, the cost per poundhe lunar surface is reduced, but
because the payload capability was held consthatetfect is smaller than experienced
in Scenario One. A summary of the cost per pourttiédunar surface for both Scenarios
One and Two is provided in Table 43. The designSaenario Two provide at most a
seven percent reduction where as the designs imaB8oeOne can provide between a 50
and 92 percent reduction in this metric. This ignarily because of the significant

increase in payload capability achieved for thegiesin Scenario One.

207



Table 43: Description of Changes between Groups

$/Ib to the Lunar Surface

Baseline 660,000
Group 1 (Scenario Two) 620,000
Group 2 (Scenario Two) 635,000
Scenario One 50,000 — 300,000

6.6 SUMMARY OF SCENARIO TWO RESULTS

The introduction of Scenario Two was used to dgveln alternative to Scenario
One where the LCC was decreased by reducing tkeo$ithe architecture elements. The
results provided in this chapter showed that tlusldt be accomplished and the best
refueling strategies for this scenario were idesdif These strategies included refueling
the propellant lost to boiloff and utilizing the BCOor the LOI maneuver. These are the
same solutions identified for Scenario One. The actpof these solutions on the
architecture is a maximum reduction in LCC of sepercent. This is a greater reduction
in LCC than is achieved in Scenario One, but tldeicgon in the cost per pound of lunar
surface payload is much less (7 percent vs. 9CepetcThe main drawback of Scenario
Two is that any reduction in LCC results in a cep@nding reduction in the LEO
payload capability. This decrease in LEO payloapabdity reduces the ability of the
architecture to be extensible to missions beyored Moon. The total LEO payload
capability is reduced by as much as 40 percentredsein Scenario One it remained
constant. This reduction in extensibility may m&aenario Two a less attractive option
because the total decrease in LCC is small andalsanbe accomplished with Scenario

One without reducing the ability to perform expkwa missions to Mars and beyond.
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CHAPTER 7

VALUE PROPOSITION FOR PROPELLANT REFUELING

Chapter 7 describes the value proposition of glape refueling to NASA’s
exploration program. Avalue propositionis defined as: “A business or marketing
statement that summarizes why a consumer shouldkprpduct or use a service. This
statement should convince a potential consumeroti@particular product or service will
add more value or better solve a problem than osimarlar offerings” [61]. In this
problem, the service is the addition of propellaetueling to NASA’s exploration
architecture, and the value is the ability to pdeviimprovement to each of the
architecture’s figures of merits. The value proposi will be described in order to
provide evidence that the implementation of thisszise will provide greater value to

NASA than the current baseline.

7.1 NASA’SPROPELLANT REFUELING VALUE PROPOSITION

In order to develop NASA'’s value proposition, tbencept of what is value to
NASA must be clearly defined. During the Explorati8ystems Architecture Study five
Figures of Merit (FOMs) were established to provalset of metrics to evaluate the
various concepts that were considered during thidys these were outlined in Chapter 1.
These criteria establish the value added to théoeagon architecture. An improvement
in one or more of these criteria without degradangther would provide a more valuable

design in the eyes of the decision maker. Theretbeevalue of a design change, such as
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including propellant refueling, is measured by heell it improves each of these FOMs.
The five FOMs are: safety and mission successradfnlity, performance, extensibility,
and programmatic risk; the first two FOMs were ¢desed the most important. In this
study, the third metric, performance, is consideaembnstraint in the system sizing, thus
all design changes meet the performance requiream€&he implementation of propellant
refueling can have a positive impact on each afeéhzriteria depending on the selected
configuration. The following sections will discus®w the introduction of propellant
refueling affects each of these criteria. The vglugposition will then be presented to
establish which implementation of propellant refinglprovides the best alternative to the

baseline design and if this selection is affectgthle weighting of the selection criteria.

7.1.1 |IMPROVEMENT IN ARCHITECTURE CAPABILITY

The ability of propellant refueling to provide ualto the exploration architecture
stems from its ability to increase the payload bdpg per unit of LCC of the
architecture, to increase mission and design flityip and to improve the mission
success probability. These improvements providegdeBeedom to the architecture,
allowing it to achieve a greater performance withsignificantly altering the design of
the baseline vehicles. This section will discussvttbe improved payload capability
affects the architecture life cycle cost, the openal and development risk, and the
overall extensibility of the program to future masss.

The screening process presented in chapter 5 shihatethere are three refueling
strategies that can effectively increase the palyt@gability of the architecture: reducing

the performance requirements on the LSAM by allgwine EDS to perform the LOI
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maneuver, providing the ability to re-fuel the pethant lost to boiloff while the EDS and
LSAM are in LEO, and increasing the LEO payloadboiyning additional propellant on
the second stage during ascent. The design polotsy ahe Pareto frontier were
combinations of these three primary refueling styes. In order to understand the
potential benefits that each of these strategiefer othey will be investigated
independently throughout this chapter. These optiem® not the same as those on the
Pareto front discussed in Chapter 5 because theyotl@ombine multiple strategies.
They are all identical to the baseline conceptepkthat they introduce a single refueling
strategy.

The lunar surface payload capability for thesedhsptions is provided in Table
44, The “w/ Crew” case has a smaller payload bex#usust also deliver the crew and
the Ascent Stage to the lunar surface. The “w/onCrease is a purely cargo mission.
The cargo version of the LSAM replaces the Ascetag& and crew with additional
payload and a cargo delivery platform. ReplacirggAlscent Stage of the LSAM with the
cargo carrier increases the payload capability @0 Ibs [62]. The following section
will provide a more detailed discussion of how thélsree cases can improve the lunar

surface payload capability than was presented agp€h 5 and 6.

Table 44: Lunar Surface Payload Capability

w/ Crew w/o Crew
Baseline 3,619 Ibm 26,800 lbm
EDS Performs LOI 28,800 lbm 51,900 Ibm
Re-fuel LEO Boiloff 8,600 Ibm 31,800 Ibm
Burn Additional 25,000 |lbm 14,700 Ibm 37,800 Ibm
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Utilize the EDS for the LOIl Maneuver

The most significant increase in payload capabiimes from the case where the
LOI maneuver is performed by the EDS instead ofltimar lander. The baseline lander
design includes approximately 32,500 Ibm of prapsljust for the LOI maneuver. If the
LSAM LOI propellant is removed, then the payloagalaility of the lander can increase
assuming the total LEO payload capability remaims same. The payload capability
does not improve on a one to one scale becausethmithescent propellant and support
structure must increase. A six fold increase ingey is possible with the crewed version
of the lander and the payload of the cargo onlyddéancan be nearly doubled.

Utilizing the EDS for more than the TLI maneuveoydes the ability to deliver
greater payloads to the lunar surface if additiggrapellant is available in LEO because
the EDS is less than 50 percent full in LEO. Theules shown in Figure 71 provide the
lunar surface payload capability as a function loé amount of propellant that is
transferred to the EDS in LEO. This additional paitamt is used to increase the delta-V
capability of the TLI maneuver or allow the EDSperform the LOI as well. The initial
point along the blue line represents the capabiitythe baseline design where no
refueling occurs. The red curve represents theatsitn where the EDS is used for the
LOI maneuver. Case #7 is noted; at this point ttal igross mass of the LSAM is the
same as the baseline configuration. The pointsgalbis curve with a greater lunar
surface payload than Case #7 require the CalLV livedlea greater LEO payload than in
the baseline design. The points below Case #7ldect@ achieve a greater lunar surface
payload than the baseline while decreasing thé patdoad that the CalLV has to deliver

to LEO. These points represent a hybrid solutiadwéen Scenarios One and Two. These
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curves show the increase in payload capability thgbossible by adding propellant
refueling to the baseline. The EDS-LOI red curve paovide both a greater maximum
increase in payload capability and a greater imgmoant in the payload capability per
pound of propellant re-fueled. The EDS-LOI blueveuhas a lower slope because the
size of the lander must grow at a faster rate tmaat for the increase in LOI propellant

needed for greater payload designs.
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Figure 71: Lunar Surface Payload Capability asnation of EDS Propellant

The results in Figure 71 show the theoreticalease in payload capability but do
not consider the practically of placing the payload the current vehicle fairing
configuration. The larger the payload requiremehg larger the vehicle needed to
complete the mission. The results in Figure 72 show the maximum diameter of the
lander increases as the payload requirement iresed$ie red line again represents the

case where the EDS performs the LOI maneuver. Bltedllined represents the current
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maximum allowable lander diameter based on thesotifiairing configuration. In order

to handle an increase in payload capability eitherpayload fairing must be redesigned
or the size of the baseline lander must be redsodtiat the vehicle does not violate the
fairing constraint when additional payload is addedthe latter case, eliminating the
LOI maneuver from the lander can reduce the velsiae by 37% enabling the vehicle to

handle up to 60,000 Ibm of payload before violatimg fairing constraint.
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Figure 72: Lander Size Comparison as a functioRayfioad Capability

Refueling the LEO Boiloff on the EDS and LSAM

The payload capability of the architecture caw &ls improved by eliminating the
need to carry additional propellant to accountldoiloff that occurs while the EDS and
lander are in LEO. The addition of MLI can redulse amount of boiloff that occurs, but

without the addition of a zero boil-off cryo-coolsystem, there will always be some
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boiloff that must be accounted for with additiopabpellant that must be carried to LEO.
A range of anywhere from four to ninety five dayashbeen considered for NASA'’s
baseline architecture. There are two main factoas influence the selection of this stay
time. The first is that, the longer the designexy stime, the more propellant that must be
stored on the vehicles, and thus a lower paylopdhuaty or a greater vehicle size. The
change in payload capability as function of theiglesd stay time can be seen in Figure
73. This chart was developed by linking the prapdllboiloff model discussed in
Chapter 3 with the CaLV model and varying the nundfelays the EDS was required to
remain in LEO. As the number of days increasedreatgr quantity of propellant was
required to maintain the minimal propellant levelseded to complete the required
mission. The launch vehicle is physically constedin therefore, any increase in
propellant directly decreased the payload capgbdit the vehicle. The decrease in
payload capability is greater than the additiomalppllant required due to the additional
hardware needed to store the propellant aboardehiele. A 15 day stay time was used
at the zero point of reference. These results sthatvthere is a 15,000 Ib difference in
payload capability or design margin between thadt3b day cases.

The second factor is that, in the design of a irlainch architecture, the mission
is dependent on the successful launch of both le=hi¢f the delay in launching the
second vehicle is longer than the designed stag, tihen the vehicles (EDS and LSAM)
no longer have the propellant capability to conglée mission. As discussed in Chapter
5 and 6 depending on the difficulty of the misstbe EDS and LSAM may have the
ability to remain in LEO for longer than the desgnperiod. The results presented here

assume that once the designed limit is exceededntbgion is lost. The probability of
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losing a mission and the associated cost to tHataoture are provided in Figure 74. The
details behind the creation of this chart are mtediin Chapter 4. The chart shows the
trends for the two separate launch separationssticoasidered. The separation is the
time between launching the cargo launch vehicle #&d crew launch vehicle. The
shorter the time between these two launches tthe liksly there will be an outside
influence that affects the timing of the launch.aksexample, it would be much easier to
predict the weather patterns within a 90 minutedeim then over a 7 day window. The
concern with launching both vehicles within a nefaly short time period is that the
operational complexity of coordinating the countdowf two independent launches is
higher than a single launch. There is however aifstgnt increase in the mission
success if both vehicles can be launched withs small window. These two competing
factors make it difficult to select an optimal staye, either the architecture has a low
payload capability and high success rate or itehbsv success rate and a high payload
capability. The introduction of propellant refugiintroduces the possibility of a high
payload capability without compromising the succedseach mission. Propellant
refueling eliminates the need to carry additionabpellant to LEO to account for
possible propellant boiloff. Any propellant thaiast while the vehicles are in LEO is re-
fueled once all mission related hardware has beéwetled to LEO. This eliminates the
chance that a mission will be lost due to a detalaunching the second launch vehicle.
A comparison of this improvement in reliability dte propellant refueling is offered in
Section 7.1.4.

The lunar surface payload capability for the 7 dagaration and 95 day LEO stay

time can be increased by approximately 12,000 Ibherw propellant refueling is
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implemented to provide the boiloff propellant. Whthis is less of an increase than can
be obtained from reconfiguring the LOI maneuveames at a much lower cost to the
architecture. Depending on the price of propelldnsg solution may provide a lower cost
solution than the baseline design while achievirgyemter payload capability. This was

shown in Chapter 5.

14,000 6,000
** Passive Boil-off Mitigation System
1 4,000
12,000
+ 2,000
m —~
© 10,000 1 to 3
5 >
= 12000 £
S 8,000 1 2
o —— EDS Propellant Boiloff ©
= o 4000
kS —— Delta Payload Capability O
T 6,000
o + 6000 B
o o
& >
2 4,000 4 -8,000 8
[}
1 -10,000
2,000 |
+ -12,000
0 T T T T T T T . . -14,000
0 10 20 30 40 50 60 70 80 90 100
Designed LEO Stay Time (Days)

Figure 73: Change in Payload Capability as a fomctif Boiloff

217



7,000

6,000

1.000

+ 0.950

c
= o
= 2
& A 2
*g 5,000 =
+0.900 5
o \ on: ; )
= —— Launch Seperation: 90 Minutes a
D 4,000 — o
g \ —— Launch Seperation: 7 Days o
£ ~ + 0.850 >
] ~ o
O 3,000 ~ -S
£ AN / >~ — g‘
2 T T e —a —+ 0.800 %
§ 2000 N 5
o \ .8

C
= \ | o
1,000 = 0.750 o

~
~
NS —_——_ —_—
0 ‘ ‘ ‘ ‘ ‘ ‘ ——_————— 0.700
0 10 20 30 40 50 60 70 80 90 100

Designed LEO Stay Time (Days)

Figure 74: Effects of LEO Stay Time on Overall Cangm Cost and Mission Success

Decrease In-space Propellant Delivered to LEO

The final method that can be utilized for improvitng payload capability of the
architecture is to increase the amount of propeHaat is used during ascent. Since the
upper stage of the cargo launch vehicle is alsoBBS&, there is additional propellant
available that, in the baseline architecture, isereed for the TLI maneuver. The
utilization of this propellant during the ascentaph allows the launch vehicle to insert a
larger payload into LEO. In this trade study thenkeh vehicle configuration remained
fixed and the only change made to the design wag|tiantity of propellant used during
ascent. The total propellant at liftoff remaine@ tame as in the baseline design. The
results provided in Figure 75 show the relationdlepveen the propellant burned and the

payload capability of the vehicle. The increas®ial payload capability is dependent on
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how much additional propellant is used, but anaase of approximately 10 percent can
be obtained if all of the EDS propellant is used.

The total LEO payload capability in defined byotmain terms. The first is the
mission payload that includes the lunar lander #@sdcorresponding payload. In the
baseline design the mission payload is approximétell,000 Ibm. The second term is
the propellant payload that includes the in-spaamgdlant aboard the EDS once it
reaches LEO. This was approximately 225,000 Ibiinénbaseline configuration. As the
ascent propellant utilized increases, the missiaylgad increases, and the propellant
payload decreases. This trend can be seen in Fifuraote that the total EDS LEO
payload increase is small, whereas the in-spacsignigayload increases dramatically.
There are two reasons why there is only a smalkase in the total payload. The first is
that the gross lift off mass of the vehicle incesady 175,000 Ibm to account for the
additional mission payload while still carrying theame propellant load. This
significantly decreases the capability of the isge, reducing its separation velocity by
nearly 4,000 ft/s, assuming there is no changberdesign of the first stage. The second
factor is that the T/W of the upper stage is deswddrom 0.84 to 0.61 requiring a longer
burn time to reach the same final conditions. Barth a T/W and gravity loss problem.
Section 4.1.1 further discussed why the total peylis improved only slightly when the
total propelled burned is increased. Additional ieeg could be used to improve the
performance providing a greater capability per mboh propellant burned, but would

increase the design dry mass, and cost of the leehic
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The ability of the launch vehicle to deliver a@per payload to LEO leads directly
to a greater lunar surface capability. Howeverthes LEO payload mass increases, so
does the required TLI propellant. In the final cas®wn above, where the EDS is
delivered to LEO empty, the required TLI propellatncreased from 225,000 Ibm to
473,000 lbm, more than doubling the baseline ptaptel The lunar surface payload
capability and the required TLI propellant are pded in Table 45. The 100,000 |Ib case
requires that 205,000 Ibm of propellant be delidetee LEO for propellant refueling in

order to meet the new propellant requirementshergreater payload capability.

Table 45: Lunar Surface Payload Capability for meréase in the Ascent Burn

w/ Crew w/o Crew TLI Propellant
Baseline 3,619 Ibm 26,800 lbm 225,000 lbm
Burn Additional 25,000 |bm 14,700 lIbm 37,800 Ibm 52800 Ibm
Burn Additional 100,000 Ibm 47,900 lbm 71,100 Ibm 31300 Ibm
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The main concern with increasing the payload ciipabf the CaLV/EDS is that
the lander would quickly violate the fairing cormstt for any increase in payload
capability without a reduction in lander requirertseiisee Figure 72). The 25,000lb
additional propellant case will be used to evalubhte method as it is the closest to the
current fairing constraint. In order to consideeaer payload capabilities this method
would have to be coupled with other changes toldhar architecture that reduce the
requirements on the lander. There is however palemse for this method outside of a

lunar mission as it provides the greatest LEO paylcapability.

7.1.2 REDUCTION IN ARCHITECTURE CAMPAIGN COSTS

The additional of propellant refueling offers twiwect methods for reducing the
life cycle cost of exploration missions. The fiist through an increase in payload
capability where the architecture has the capgbilitreducing the required number of
years needed to complete the lunar campaign. Toéendeis by designing the launch
vehicle to only be responsible for delivering théssion payload to the LEO while
providing the in-space propellant once the architecelements are delivered to LEO.
Removing the in-space propellant can reduce thdéopdyrequirement on the launch
vehicle by more than 70 percent, thus greatly reduthe size of the vehicle needed to
complete the mission. Smaller vehicles resultsowelr development and production
costs. As the results in Chapter 6 discussed redubee size of the architecture elements
results in an overall poor architecture solutidmeréfore only the refueling strategies

develop in Chapter 5 will be considered.
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The NASA reference lunar campaign [63] will be dise provide a more detailed
estimate of cost for the lunar exploration missitimsn was used for the architecture
screening in Chapters 5 and 6. In order to remaihinvthe proposed budget this
campaign has been changed from that proposed dBS#SS, which was designed to
conduct two missions per year. The lunar campaigludes two phases: the first phase is
the deployment of the lunar outpost which has ar@pmate total mass of 135,000 Ibm,
and the second phase is the completion of 10 ygarstended stay missions at the lunar
outpost, consisting of one 180 day human missionyear. The 135,000 Ibs is an
estimate based on the number of required cargoiongsassuming the maximum
payload is delivered during each mission. The éejivof the outpost in the baseline
architecture is deployed over nine missions witte fbeing exclusively cargo missions
and four crew and cargo missions. The detailsHerdutpost deployment and extended
stay phases of the campaign are provided in Figar&he deployment of the outpost is
limited by the number of missions that can be cotetliin a given year and the payload
capability of each mission. The extended stay mmssconsist of two separate missions;
the first is the launch of the Pressurized Logsstidodule (PLM) containing mission
consumables which must be deployed to the outpast fo the arrival of the crew, and
the second is the delivery of the crew to the lumatpost to begin their 180 day stay.
These two missions rotate with one complete 180sday being completed each year.
The LSAM baseline payload of 3,600 Ibm is used las teference cargo delivery
capability for the combined crew and cargo lantles;cargo only lander has a reference
payload capability of 26,800 Ibm. This cargo paglagas determined by replacing the

ascent stage with a cargo platform and assumingdimaining mass difference to be
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additional payload capability [63]. Figure 76 onds the details of the campaign
including how the outpost is delivered to the lureanrface, when the outpost is
completed, and the number of days the crew is enldhar surface. The number of
surface days increases as the outpost is asseantdeelventually leads to a 180 day stay

at the completion of the outpost.
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Figure 76: Baseline lunar Campaign Mission Sumné4y

The lunar exploration extended stay missions mxagnel beyond a 10 year time-
frame but these costs will not be considered inplopellant refueling value assessment.
In addition, any International Space Station argbtic precursor mission will also not be
included as these costs will not be affected byiri@dementation of refueling. Using the
NASA cost model (NAFCOM), the baseline Design Depehent Test and Evaluation
(DDT&E) and Theoretical First Unit (TFU) costs feach of these vehicles is provided in

Table 46.
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Table 46: Cost Values for Baseline Exploration Atietture

CEV CLVvV LSAM Cargo LSAM Crew CaLVv
DDTE 4,200 3,778 -- 5,582 6,041
TFU 500 633 547 730 643

Increasing the payload capability can affect bollases of the lunar campaign.
During the outpost deployment phase, the increagayload allows a greater amount of
cargo to be delivered during each mission. Thisetee the total number of mission
required to deploy the permanent outpost hardwaweing the extended stay phase of
the campaign the greater payload capability carudexl to pre-deploy the resources
needed for each mission. Therefore each cargo onissin deploy enough payload to
provide for two crewed missions. In the baselinegaign the cargo missions only have
the capability to provide enough payload for a Engrew mission. Decreasing the
number of mission required to achieve the goalsthef campaign allows it to be
completed in a fewer number of years. Since thepaégn is completed sooner the fixed
cost required to operate the campaign can be @apdfto other programs reducing the
total cost of the lunar campaign. These recourses tben be transferred to other
exploration missions.

In order to maintain a fair comparison betweenréfeeling case and the baseline
architecture three constraints must be maintaifde: first is that the total payload
delivered to the lunar surface during the lunar gaign must remain constant between
the baseline and the various refueling cases. ddmstraint is primarily used to verify

that the total mass of the lunar outpost has begioged, since the refueling case has a
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lager payload capability it can accomplish thiktasa shorter period of time than the
baseline. The time required to deploy the mast®butpost in provided in Figure 77. In
this example it is clear that the refueling arattilee can deploy the outpost in less time

than the baseline. In fact it is able to reducetdia length from 4.5 years to two years.
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Figure 77: Improvement in the Lunar Surface PaylGagability

The second constraint is that the same amount ieh@ must be conducted
during the lunar campaign. A useful metric to ewa#duthis is to use the total days spent
on the lunar surface. The baseline campaign disdussFigure 76 resulted in 2,000 days
on the lunar surface and therefore all architectamparison will maintain this total
surface stay. The number of surface days achieeeslis the length of the campaign is
provided in  Figure 78. In both cases the total benof days on the lunar surface is
2,000. The refueling case is able to achieve #uggirement in a shorter period of time

than the baseline as it is able to reduce the nuofrequired missions.
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The final constraint is that the annual budgettmermain within the budget of the
baseline campaign. This is illustrated in Figure at9a propellant delivery price of
$2,000/Ib. Since the refueling case has a higheeldpment cost and a higher cost per
mission than the baseline campaign, the operatiost be altered in order to remain
within the total yearly budget of the baseline. Thueling campaign will be altered in
order to minimize the total length while remainingh in these three constraints.

The three options for increasing the payload céipathat were discussed in the
previous section will be considered here to helpratterize how the cost of the
campaign can be reduced through an increase innle surface payload capability. The
results in Table 44 provide the payload capabflityeach of these cases. The effect of
increasing the payload capability has two direé¢at$ on the campaign. The first is a
decrease in the number of missions needed to déipdolunar outpost because a greater
amount of payload can be delivered during eachians3he second is, with a greater
payload capability available during the extendealy sinissions, there is potential to

increase the science performed during each misgiorease the lunar surface stay time,

226



or to combine the crew and cargo missions reduttieghumber of missions needed for

the extended phase.
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Figure 79: Budget Matching for the Propellant RéhgeOption

The results presented in this section will ddtailv the introduction of propellant
refueling affects the design of the baseline lwwanpaign. The refueling case where the
EDS performs the LOI maneuver will be used for ithigal comparison. The campaign
will be altered to remain with in the yearly budgétthe baseline campaign while still
obtaining the mission requirements discussed pusi§o These results are presented in
Figure 80 and Figure 81. These two figure desdribe the three phases of the campaign
(development, outpost deployment, and extended atayaffected by the introduction of
propellant refueling. It is important to understahdhe length of the campaign can be
shortened through the introduction of propellarftekng. The architecture is able to

save $5.2B for every year that is cutoff from tinel ©f the. This accounts for the yearly
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cost of operating the baseline architecture whimh loe transfer to other missions once
the objectives for the lunar campaign are achieved.

The results in Figure 80 show the number of yeegsired to complete the lunar
campaign for a fixed to variable ratio of 80/20€$h results also include three propellant
delivery prices ($2,000/Ib, $4,000/Ib, $6,000/lbhese results show that it is possible to
shorten the length of the lunar campaign by as nascB.5 years, including a six month
delay in the start of the campaign to accountlerihcrease in development cost. Even at
the highest propellant delivery price the campaign still be shortened by six months.
This reduction in the length of the campaign resimta savings between $2.6B and $13B
to account for the yearly cost of operating theebas campaign that is no longer
required.

In order to account for the higher cost of opeatihe refueling architecture a
number of breaks are placed into the campaign.ngutese breaks no lunar missions
are conducted, but the architecture must pay ttezlfcost associated with the program.
These breaks can clearly be seen in Figure 8belcase of a propellant delivery price of
$2,000/Ib there are three required breaks duriegcimpaign. At a propellant delivery
price of $6,000/Ib the number of requires breaksdases to nine in order to stay within
the budget of the baseline program. At this prieelength of the campaign is almost as
long as the baseline, even though the number dfiomgequired is less. The number of
breaks is dependent on the cost of propellant dwed fixed cost of operating the

exploration architecture.
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The results in Figure 81 are similar to thosesiflated in Figure 80 except that
they assume a ratio of fixed to variable cost o#80nstead of 80:20. This new ratio
results in a lower fixed cost than the previouscasd a further reduction in the length of
the lunar campaign when refueling is added. Thditexhal reduction in the length of the
campaign is due to the smaller penalty the refgelnchitecture must pay when no
missions are being conducted. As the assumptiontifer percentage of fixed costs
decreases, these breaks have a smaller impact eo G of the campaign. This
decreases the number of breaks required to remamnwthe yearly budget of the
baseline architecture. At a propellant price of0$2/Ib the length of the campaign is
further reduced by six months and at a propellaittepof $6,000/Ib the length of the
campaign is further reduced by 1.5 years. At tiglédr propellant delivery costs a greater
number of breaks in the campaign are requiredhawrs in Figure 80; therefore a lower
fixed cost will have a greater impact on the desighat have the highest cost of

propellant. The fixed to variable assumption halamnatic impact on the design of the
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campaign, but in both cases discussed the lengtheo€ampaign can be reduced and a

significant reduction in the LCC of the architeewan be achieved.
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These two figures show how the introduction of paitant refueling, which
increases the payload that is delivered to therlsndace during each mission, can effect
the different phases of the lunar campaign. Evendh the refueling cases cost more per
mission to operate they are able to reduce thea gL C of the architecture by reducing
the total length of the campaign. This reducesttia fixed cost that must be paid to
operate the lunar missions. The greater the cgstaviding propellant to the architecture
the smaller the impact that propellant refueling lan the operation of the lunar
campaign because more breaks in the operationeofampaign are required to remain
within the baseline budget. The ratio of fixed tariable costs are an important
parameters to understand as a lower fixed cosstemdavor the refueling cases more
than the baseline design as they are more depewndettie fixed cost than the non-

refueling architectures. The overall results ofsthéwo figures are that the length of the
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lunar campaign can be reduced through the intraoluaif propellant refueling which
results in a decrease in the LCC of $2.5B and & 8dpending on the cost of propellant

and the final ratio of fixed to variable costs.

7.1.3 REDUCTION IN ARCHITECTURE DEVELOPMENT AND OPERATIONAL RISK

There are two areas of risk that are importamihéoexploration program. The first
and maybe the most important factor concerning atehitecture design is the risk
associated with loss of crew (LOC) or loss of naes{LOM). The loss of mission is a
probability that an event will occur that will keepe mission from being completed,
however the crew are able to return safely. Thelldpt8 mission would be an example
of a loss of mission, but not a loss of crew. To&slof crew probability is the chance a
failure will result in the loss of human life. Tekecond area of risk is that associated with
the development of the architecture that includes development of new technologies
and the risk of advancing a vehicle from the cotualpphase to a production design.
Value would be achieved if propellant refueling ecaduce the risk in developing such a
complex and robust architecture.

The introduction of propellant refueling can ghgampact the reliability and
mission success of the architecture. It howevelrlititlesor no impact on the safety of the
crew. The transfer of propellants always occurd HO. If a mission critical failure
occurs, then the crew can simply return to Earilizung the CEV (unless a catastrophic
failure occurs). The effect on the crew can alsonbeimized by performing the fuel
transfer at a safe distance. The results in Tablprdvide the Apollo estimate for LEO

propellant refueling. However, with propellant reling, the payload can be dramatically
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increased, which can be traded in the design fanemease in the redundancy of critical
systems, provide engine out capability, and/or pl®wreater safety margins. These
changes would result in a lower LOC and LOM for #rehitecture. These redundancy

trades are beyond the scope of this dissertationhwill be included as possible future

work.
Table 47: Apollo Propellant Refueling Reliabilit§4]

Event Reliability 10x Apollo
Orient for docking maneuver 0.9925 0.99925
Rendezvous Maneuver w/ depot 0.9749 0.99749
Docking with depot 0.9795 0.99795
Fuel transfer and separation 0.9835 0.99835
Total 0.9676 0.99676

The main improvement in the LOM provided by prégal refueling is the ability
to decouple the mission success from the propebaioff that occurs in LEO. In the
baseline architecture, the EDS is required to haradIspecific amount of propellant
boiloff to account for the time between its depleymand the launch of the crew. Once
this boiloff time is exceeded, the mission can aagker be completed as the architecture
has insufficient mission propellants, which resuta loss of mission. The launch
separation time between the CalLV and CLV has alEenkraded by NASA to help
mitigate this risk. The closer the two vehicles banlaunched, the less likely an outside
or unexpected event can influence the launch osdwmend vehicle. In many cases, it is

easier to predict the weather over a 90 minuteodetihan over a 7-day period. The
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problem with launching two vehicles so close togetis that two separate count downs
must be running at the same time increasing theclaoperational costs.

The introduction of propellant refueling eliminateéhe dependency of the
architecture on the boiloff rates and allows theSEihd lander to remain in LEO for an
extended period of time. This could also be accahetl by utilizing cryo-coolers, but
would required them to be placed on all architectelements in order to eliminate all
boil-off concerns. Refueling accomplished this withadding the additional mass to any
of the elements. Refueling increases the separdime permitted between the two
launch vehicles, resulting in a more simplified ig@nal timeline to be developed. The
probabilities of a successful launch of both vedsclithin the required timeframe are
provided in Figure 82. It is evident that, the lenghe stay time built into the mission, the
more likely the mission will be completed succeBgfurhere is a considerable drop off
in reliability as the required stay time decreaskspping to close to a 1:5 chance for a
15 day stay time with a 7 day launch separatiots plobability can be greatly increased
by shortening the stay time to 90 minutes, as vis=udsed in Chapter 5. The probability
curves tend toward a maximum rate of success sh@ghly dependent on the separation
time between the two launches. In the case of ay7lalunch separation, the maximum
obtainable probability is approximately 95:100, kwhihe chance of losing a mission is
almost eliminated when a launch separation of 9Qutes is used (998:1000). The
theoretical best solution is to achieve a 100 perogassion success rate while designing
for the minimal LEO stay time and allowing for ateguate separation between launch
of crew and cargo. This solution can not be acldenveh the current architecture, as an

improvement in one area directly leads to degradatn another. The addition of

233



propellant refueling decouples these design factilgwing the best case for each to be
achieved simultaneously. The concern with the audivf propellant refueling is that it
adds an additional point of failure during the ediing phase, however this can be easily

offset with the subsystem redundancies as disclszek.
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Figure 82: Risk and Cost of a 2-Launch Solution

This additional point of failure may reduce theemwll reliability of the
architecture; however a more reliable solution lsarachieved as long as the reliability of
the refueling event is greater than the chanceshg a mission due to LEO propellant
boiloff. The Apollo program estimated the reliatyiliof the LEO refueling event at
0.9676 [65]. The refueling event was broken dowo the four phases shown in Table

47. 1t is likely that the reliability of these sgsis has been improved in the past 50 years
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due to an increase in experience with LEO operatand therefore the Apollo reliability
numbers likely represent a highly conservativeneste.

The Apollo reliability has been plotted in Figu88 to show how it compares
against the probabilities of losing a mission doeatlaunch delay. The bold red lines
represent the calculated reliability of propellaetueling. The blue and green curves
show the probability of losing a mission due toaanch delay as a function of the
designed LEO stay time. These are the same cursessded in the previous section. In
this figure, it is evident that the addition of peslant refueling always provides a more
reliable architecture for the 7 day launch sepanatiase no matter the designed LEO stay
time, up to 100 days. The improvement in reliapilitcreases as the stay time decreases
due to a decreasing window of opportunity for theSE In the case of a 90 minute
separation, the 10x Apollo propellant refueling diction provides a more reliable
solution for stay times under 30 days. For stayetingreater than 30 days the two
reliabilities are almost indistinguishable. Usirige toriginal Apollo reliability estimate,
propellant refueling only provides a more reliabtdution for stay times less than 15
days. These results show that, unless the aramieed designed with a high LEO stay
time or a short launch separation time, the intotidn of propellant refueling provides
an improvement to the architecture LOM. These twhut®ons have severe negative
effects of the design of the architecture, incregighe cost of the launch and lowering the
capability of the launch vehicles. The introductioh propellant refueling allows the
reliability goals to be met without compromising the capability of the architecture or

increasing the complexity of the launch countdown.
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The second area of risk that must be taken intacaount when designing a new
and complex system is the risk of advancing a qunfrem conception to production.
There are a number of factors that could lead éodémise of the project, including:
under performing systems, mass growth, failure &tume required technologies, and
exceeding budgetary constraints. These and a nuohlo¢ner factors can push the design
into an infeasible region, forcing a reduction isson requirements or a redesign of the
system with advanced technologies. Redesign cahtte@onsiderable program delays
and cost increases that further hamper the devaopmf the program. A common
factor affecting the design of a program betweenception and production is the
increase in mass that occurs throughout the lifta@fdevelopment process, unacceptable
reductions in system level performance, and inaadtegunaturation of technologies.
These all have an impact on the progression ofdta system mass. Mass growth is a

part of all new vehicle designs and must be acaslfdr during the initial design phase
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of the program [66]. The concern is that most paogs include 18 to 20 percent of mass
margin reserves [67] while most aerospace progrxpsrience closer to 30 percent in
mass growth and can be as high as 50 percent $bersg that have limited historical
background (heritage). Wilhite’s paper discusseflmapter 1 provides the background
for these results and also looks at how mass grontbne area affects the rest of the
architecture. This section will investigate what thost of mass growth is on the
development of the architecture and how this canniigated through the use of
propellant off-loading and refueling. A discussieil also be provided as to the benefit
of utilizing propellant refueling to help close tlaechitecture if the CEV and/or lunar
lander exceed the maximum capability of the lawedhicles

This study looked at increasing the mass growtkherlunar lander and the cargo
launch vehicle to determine how this would affde pverall size of each systems and
what the corresponding increase in developmentpoduction cost would be. These
results are provided in Figure 84. The additionglmass percentage is on top of the 17
percent margin assumed during the ESAS study. Titessits show a significant increase
in cost as the additional growth increases the rmadoverall size of each vehicle. Based
on the reference lunar campaign, a 10 to 20 peadditional growth on both vehicles

would increase the total campaign costs by $3%bt8B.
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Figure 84: The Effect of Vehicle Growth on DevelagrhCosts

These costs assume that the vehicle is able W@ graccommodate the increase
in dry mass, but in some situations the vehiclghigsically constrained and can not grow
as needed. In this case the vehicle would haventb dn alternative and likely more
expensive route to gaining the additional perforoeasuch as the addition of advanced
technologies like composite structures or a higdpacific impulse propulsion system.
The cargo launch vehicle is a perfect example &f type of constrained problem. The
size of the launch vehicle is currently being coaieed by the entry way to the Vehicle
Assembly Building (VAB). While it is possible toilstincrease the width of the launch
vehicle, the height has reached the limit thatuiA® can handle. Any additional growth
would have to be grown horizontally, but eventuatis limit will be exceeded as well.
The physical growth of the launch vehicle as a fiomcof an increase in the dry mass of
the system is provided in Figure 85. The two cumnegsesent the increase in vehicle size
needed in order to achieve the same mission regamts under the given mass growth.

The two curves are independent and assume thgtalagh only occurs in one dimension
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while the other remains fixed. These results shoat & 30% increase in dry mass can
lead to a 5ft increase in the diameter and a fiftease in the height of the launch
vehicle. These are undesirable results, the heigéatto the limitations of the VAB and

the diameter due to manufacturing and VAB limitaio
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Figure 85: Increase in Cargo Launch Vehicle Dimemsias a Function of Growth

If the vehicle is unable to grow to meet the iase in system mass, then the
payload capability has to decrease in order forvit@cle to reach the desired orbit. In
this case a 30 percent increase in the system waagdd result in a 26,000 Ib decrease in
the payload capability of the cargo launch vehigleis would represent a more than 25
percent decrease in the mission payload of the Cab¥ addition of propellant refueling
allows the mission payload to remain the same wthke total payload capability is
reduced.

This mass growth can be offset by reducing theuarnof in-space propellant that

the must be delivered to LEO for delivering the Ipag to the lunar surface. In the
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current configuration, approximately 75 percenthsd payload that is delivered to LEO
via the cargo launch vehicle is propellant. If threpellant is delivered separately, the
payload requirements on the architecture can bécesl] allowing it to handle additional
mass growth without increasing the size of theed#ht vehicles. The architecture can
then mitigate any mass growth by simply reducing gropellant requirements and
purchasing the needed propellant from a low costroercial operator once reaching
LEO. Depending on what is meant by “low cost” detees if this solution provides a
lower cost solution than redesigning the vehicléaocapable of handling the additional
mass growth. In some cases a redesign may notdsgbpe and propellant refueling may
offer the simplest or only means of handling theteyn mass growth. The results in
Figure 86 show how the cost of refueling the aggttiire compares to the case where the
vehicle size is increased to handle the additiomats growth. The curves represent the
total savings to the lunar campaign at the givespeltant price. At a propellant price of
$1,500/Ib or less the cost of offloading propellatess than the cost of growing the
architecture elements. In this case it makes memeesto remove the in-space propellant,
therefore reducing the requirements on the vehialber than paying the additional cost
associated with vehicle growth. This is a propélfaice that is on the lower end of what
may be achievable in the next 20 years and woulal tieky decision to develop a vehicle
dependent on achieving this propellant price. pt@pellant price greater than $1,500/Ib,
the delta campaign cost is negative indicating thatpropellant refueling costs are more
than the cost of increasing the size of the velicleandle the additional growth. While
this option provides a benefit to the architectbse maintaining the initial payload

capability even when the architecture experienogsifeant mass growth the cost are
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likely to be to large to for this to be the primaeason refueling is introduced. It however
is a secondary benefit that further improves tHaevaf adding propellant refueling to the
architecture. It can be added for a small additiopnat as the development and operation
of the propellant depot is already a aspect okttoration architecture.

There is a problem if there is mass growth withitBAM, as propellant refueling
cannot eliminate this growth through offloading.cin help by reducing the number
maneuvers the LSAM must perform as noted previoudig real value of implementing
refueling into the exploration architecture is thaillows the payload requirements to be
decreased while still achieving the mission godlshe architecture. The same lunar
surface payload capability can be achieved withinateasing the size of the launch

vehicle even though the system may under go a graggh of 30 percent.
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Another example of how propellant off-loading calid asalue to the design of the
architecture is the effect on the design of the GitM CEV. In the baseline design, the
CLV is designed to deliver the CEV and SM to LEGsAming mass growth on the SM,
CEV and upper stage of the CLV either from requeata changes, design changes or
underestimated mass during the initial design sttidyy CLV design may have to deliver
a greater payload. In most cases, the CLV wouldvgrosize to handle the additional
requirements, but the use of a shuttle deriveddsaicket booster on the first stage
prevents this from happening. This system has iregky design freedom and is all but
fixed to its current design configuration. This raakit very difficult for the CLV to
handle any increase in payload requirements. Wil introduction of propellant
refueling, the methane and oxygen propellant orSilecan be removed from the launch
configuration and provided to the architecture othee SM and CEV reach LEO. In this
case, the additional margin needed to counter tagsngrowth is achieved by reducing
the total amount of propellant that must be deédeto LEO. The cost to the architecture
would be approximately $10 — $20M for every 5,00@f propellant that was removed
from the SM at a propellant price of $2,000/Ib ;GR0/Ib. This additional capability can
be used to counter the mass growth or to add additcapability top the system, such as
an improved reliability on the CEV.

Utilizing propellant refueling in this manner alle the launch vehicle designer to
build in insurance that can be drawn upon in sibmatvhere the mass growth becomes
too large or the performance targets can not beeaeth. This insurance provides a level
of risk reduction that can help to secure the futaf the exploration program. The

development of a new architecture, no matter hdated it is to current or past designs,
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always comes with substantial risk. This risk ighotrom new launch operations and
from the development of new design concepts. Téwsiegn has shown that the addition
of propellant refueling can help mitigate thesegisSince risk mitigation is one of
NASA’s main concerns when conducting exploratiolssians, this capability provides a

high degree of value to the entire program.

7.1.4 |IMPROVEMENT IN ARCHITECTURE EXTENSIBILITY

The extensibility is measured by how easily an ia&cture can be converted from
one mission to the next and much it can benefiérothissions. In a perfect situation the
architecture would be able to accomplish a varimmye of missions with a minimal
increase in investment costs. In most cases thisotsa practical solution, as the
architecture would be over designed for it primamyssion, increasing the initial
development costs. Within a fixed budget, it ididifit to expend additional resources to
achieve long term goals at the expense of the $hort future of the program. While
extensibility is an important factor in designindgoag term exploration program it often
gets overlooked and future missions are adaptediline the resources available. This
section will discuss a possible means of increasiregextensibility of the architecture
through the use of propellant refueling.

One possibility of building extensibility into tharchitecture is to develop
variable components that are easily expanded aprtigram expands and are able to
increase the capability of the architecture by $ymgxpanding its operations. An
example of this would be to use propellant refuglio provide additional propellant to

the EDS once it is delivered to LEO. This wouldrease the performance capability of
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this stage allowing it to perform a wider varietymissions. During the lunar campaign
this depot could be used for any of the concemsudised previously. The EDS and the
upper stage of the CLV are enormous propulsiveestapat can deliver significant
payload to destinations beyond the Moon. The cupresided in Figure 87 show the
payload capability of these vehicles for a rangdedta-V. The requirements for a lunar,
Mars and Jupiter mission have been labeled. A fulgted EDS can provide more than
300,000 Ibm of payload through Mars TMI. This copiebvide a significant portion of
the Mars outpost in a single launch. This woula @&kminate the need to development of

a NTP system currently being considered for theresibility of the baseline architecture.
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Figure 87: Max Payload Capability of ESAS PropudsBtages

While the EDS can provide a significantly gregtayload capability when fully
re-fueled it slightly less efficient than the upgéage of the CLV, due to its large size, for
smaller scale missions. This can be seen in Fig8rd-or the same available propellant,

the Upper Stage of the CLV can deliver slightly mmgrayload capability than the
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baseline EDS. The issue with the CLV Upper Stagbhasit is delivered to LEO without
any remaining propellant and thus requires refgelmobtain the same propellant level
as the EDS, which is delivered patrtially full. Thpper stage of the CLV is design to
discarded over the ocean, this would require a gddn trajectory and reduction in
payload in order to design the upper stage to re&¢h All of the EDS propellant can be
used during ascent to increase the LEO payloadbddpaln this case the EDS would
require a greater amount of propellant to delivex s$ame payload as the CLV Upper
Stage because it has a higher inert mass. In detlegaEDS is likely to be the better
choice from a logistics standpoint because itrisaaly attached to the payload assembly.
The key point to take away from these two charthasincredible payload capability that
can be generated with these stages by simply prgyvatiditional propellant to LEO. The
addition of propellant refueling allows these stage be extensible to almost any

conceivable exploration mission.

400,000

EDS: Lunar Min Delta-V
EDS: Mars Min Delta-V
——————— CLV Upper: Lunar Min Delta-V
——————— CLV Upper: Mars Min Delta-V

350,000 -

300,000 +—

250,000 +
200,000 +
150,000 -

100,000 1 \
50,000 =

Current architecture capability

Payload Capability (Ib)

0 T T T T T T T T T
0 50,000 100,000 150,000 200,000 250,000 300,000 350,000 400,000 450,000 500,000

Availiable Propellant (Ib)

Figure 88: Payload Capability as a Function of Aalde Propellant

245



The ESAS report provided an initial concept forlizing the exploration
hardware to accomplish a Mars missions, based ors Mesign reference mission 3.0
[68]. The major change to the architecture, besatesicrease in the required number of
launches, was the development of a nuclear thepnaogulsion stage (NTP) that would
be used as the in-space transfer stage. The dooiceperations included the launch of
six cargo launch vehicles and one crew launch \ehlte six cargo launches are used to
deliver the Mars outpost and crew living modulesngl with three NTP stages to LEO.
The addition of the NTP stage is what allows tlehigecture to be extended from a lunar
to a Mars mission. The extensibility of the arctiitee is then driven by the cost and risk
associated with the development of this new propulsystem. A number of estimates
have been performed to predict the developmenpamduction cost needed to produce a
flight ready system. These predictions are basédafothe Nuclear Engine for Rocket
Vehicle Application (NERVA) program which estimattt total development cost to be
on the order of $4 to $5B with the engine developnamd construction cost alone being
$2.5B [69]. The TFU was assumed to be 20 percenhefdevelopment cost ($500M)
[70] not including the lunch required to deliveetstage to LEO. This is a substantial
cost to the program and requires dependency orclandéogy that has met heavy
resistance throughout its history, severely lingtihe advancement of the technology.
This additional cost and risk can be avoided blyzirig the EDS instead of developing a
new in-space propulsion stage that provides notiaddi capability to the architecture.
Introducing this capability into the Mars archite@ reduces the number of cargo
launches from six to three and the number of NT&yes from three to zero. The

reduction in the number of cargo launched is bex#us three NTP stages are no longer
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delivered to LEO. This alone would be a saving$26B/mission, but a propellant cost
must be paid that decrease this savings to aroRi@B#nission. A breakdown of the cost
used in determining these estimates is providedrable 48. In this example the

architecture elements used of the lunar campaigmused to transfer the crew and cargo
to Mars (EDS) and provide the return transportatmmthe crew (Upper Stage of the

CLV). Utilizing these stages allows the Mars aretitire to be operated without relying
on the development of a new advanced propulsiotesyslf the EDS and CLV Upper

Stage can be used as the in-space propulsion dtagesimost no additional costs are
needed to extend the current lunar architectur@ kbars architecture. The exception to
this would be the Martian lander and outpost, Iheisé additions would be needed no
matter the initial architecture selected. All otleests should be similar between the two

architectures concepts and so are not included.

Table 48: Comparative Cost for Mars Mission

Baseline Refueling
Cargo Launch Vehicles 6 x $379M 3 x $379M
Crew Launch Vehicle 1 x $500M 1 x $500M
NTP DDT&E Costs $5,000M --
NTP Stage Costs 3 x $500M --
Propellant 0 400,000 Ib x $2,000/Ib
Total $4.2B/mission $2.4B/mission

There are a number of assumptions in the calomgiresented in Table 48 that

effect the difference in cost between the two rissicenarios. The most important are
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the number of launches needed to deliver the Magsiom hardware to LEO and the cost
of propellant to re-fuel the EDS and CLV Upper &taghe trends presented in Figure 89
show how these two parameters affect the cost gaviof switching to a Mars
architecture that utilizes propellant refueling.efd are two notable trends to consider in
this chart. The first is that, as the number olurel cargo missions increase, the greater
the saving of switching to a propellant refuelinghgtecture. This is because for each
additional cargo mission required an additional Nst&ye must be built and delivered to
LEO. The second trend is the savings between tlmestenarios is a function of the
propellant delivery price. It is shown that evendagropellant delivery price of $3,000/Ib
there is still a large cost savings when refueighgsed. This is because the development
of an advanced NTP system is removed from the Merkitecture. The savings for the
refueling architecture becomes increasingly mogaiicant as the price of propellant
delivery drops because this architecture requinas @ significant amount of propellant

be delivered to LEO.
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These results assume that CLV Upper Stage casdzkfar the return maneuver.
This allows the NTP stage to be completely remofredh the design of the Mars
missions. In order to utilize this stage the prigelrequired for the return journey must
be stored on the stage for as long as 2-yearsndameon the design of the mission. This
would either require additional propellant be ptha: the Upper Stage or the use of
zero-boiloff cryo-coolers. Based on the informatoiacussed in Capter 5 and 6, the use
of cryo-coolers would likely provide the lowest tgslution. This is a study not provided
in this research and requires additional study.nB¥ehis can not be achieved an NTP
stage is still required there is a savings to tlehitecture as shown in Table 48 as the
number of cargo launches is decreased. The atwlig&fiminate the NTP stage complexly

would further reduce the development cost by $5B.

7.2 ESTIMATING THE VALUE AS THE TOTAL EFFECT ON LIFE CYCLE COST

The results presented previously in this chaptecussed the impacts of
propellant refueling on each of the FOMs. Becauaeheof these metrics utilize a
different scoring system (payload, cost, reliapjliisk, and extensibility), it is difficult to
interpret the total value added to the architectée evaluation standard is needed in
order to develop a consistent measure of how amoweent in each of the FOMs
affects the total value of propellant refuelingisieection will discuss how the life cycle
cost can be used to represent the impact that fmapeefueling has on each of the
FOMs. This metric was selected because any impathi® FOMs can be represented by
a corresponding impact on the life cycle cost @f éinchitecture. The major drawback of

propellant refueling is the additional cost to #rehitecture, which directly leads to an
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increase in the LCC. Utilizing this metric allowstb the benefits and costs of propellant
refueling to be represented utilizing a single sieci making criterion.

The impacts of propellant refueling have been attarized in this chapter by
four main effects on the NASA exploration architeet These include: improvements to
the LEO and lunar surface payload capability, thiétg to mitigate system mass growth
and design changes, improving the architectureabiiy by decoupling propellant
boiloff from the probability of a mission successlaextensibility to future exploration
missions. The first three will be evaluated by tlegfect on the life cycle cost of the lunar
campaign that was outlined at the beginning of dhapter, while the extensibility to
future exploration will use the cost reduction #orsingle human Mars mission. The
following sections will outline the total value pfopellant refueling as it applies to each

of these figures or merit.

7.2.1 LiFe CycLE COSTVALUE FOR MASSMITIGATION

Decreasing the amount of propellant that must bkveted to LEO by the
architecture provides value to NASA by reducing timeertainties during development.
These uncertainties affect the performance of tihitecture and generally lead to an
increase in the mass and size of the design. It dvasussed previously how the
introduction of propellant refueling can help mitig this mass growth by decreasing the
amount of propellant the architecture must delteet EO. Using propellant refueling to
minimize the mass growth effects provides valueabse it allows unforeseen challenges
to be addressed without requiring substantial chang the baseline design. As such, it
can be considered as a design insurance policyhalpd reduce both development cost

and risk of the exploration program. The total eadd introducing propellant refueling to
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mitigate the mass growth experience by the ardhitecis the ability to prevent: an
increase in development and production costs, erease in the number of technologies
required to achieve the new performance requiresnetite ability to prevent the
architecture design from becoming infeasible, areVgnting a reduction in architecture
objectives. These are typical design concerns nreaw engineering problem, but are
particularly difficult to overcome in large aerospgorojects due to the increase in cost
and size that can result from substantial desigmgeés.

It is difficult to quantify the total value thahtis propellant refueling strategy can
provide NASA. The increase in cost of the architeetelements can be determined as a
function of mass growth and additional technologgtacan be estimated, but quantifying
the effects of development and schedule risk isanibtin the scope of this thesis. For the
purpose of providing an estimate of the value taat be achieved when mass growth is
mitigated with propellant refueling the followingj@ation is provided (Equation 7). This
does not include the value of preventing an infdasidesign or maintaining the

architecture objectives, both of which provide #igant benefit to the program.

VMassMitigation = ACOSbevelopmeh + Acoshroduction"' COStI’echnoIog;es - COSﬁDropeIIant (7)

The increase in development cost includes thetiaddi work required to design
larger architecture elements plus any additionalasign that must be performed to take
into account a large vehicle design. The productiosts include the increase in cost to
manufacture and assemble the vehicle, and the dadyncosts include the development

cost required to introduce a new technology inte design and achieve the required
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performance levels. NAFCOM is used to calculatecienge in DDT&E and TFU and a
percentage increase in DDT&E is used to estimaé dbst of re-design and new
technology programs. Since these costs are notiknawange of 0 — 30 [72] percent was
used to estimate this increase in development .cosis savings of preventing system
mass growth for the CaLV and LSAM is provided irgliie 90. The initial blue bar
represents the effect that an increase in DDT&E BHAJ have on the cost of the lunar
architecture, and the remaining bars represenntirease in development cost to account
for new technologies and re-design work. The gree mass growth and the more re-

design work that is required, the greater the gtkbenefit of this refueling strategy.
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Figure 90: The Savings for Mitigating the Effectdtass Growth

These results, however, do not include the additiaost of providing the
offloaded propellant to the architecture. The addél costs of providing propellant to

the architecture in LEO are provided in Figure Blhe difference between the two bars
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represents the value of this refueling strategye Téguired propellant delivery price is
calculated by determining the mass of propellaat th required to maintain the same
initial system mass for a given mass growth perdenthese results a propellant deliver
price of less than $2,000/Ib is required in oraeathieve a positive value for mitigating

the mass growth.
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At a propellant price of $2,000/Ib, the cost obgellant and depot is more than
the increase in development and production costwbald result from a 10 — 30 percent
increase in system mass. This is because the mahigist of increasing the size of the
CaLV and LSAM is less than the cost of providinggellant to LEO (Figure 86). If the
additional development costs are also includedlésgn and technologies) than a value
of 1 - $2B can be obtained assuming a propellaice pf $2,000/Ib. This represents a

small initial estimate of the value and is likelytlin the uncertainty of this preliminary
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estimation. These results suggest that theretlis lialue in utilizing propellant refueling
to mitigate architecture mass growth, as the cdspropellant is comparable to the
increase in vehicle costs. The primary benefit matybe the ability to reduce the cost of
the architecture elements, but rather the abibitynbit the development risk to NASA.
There is a small but almost insignificant valuattban be obtained by utilizing
propellant refueling to mitigate mass growth thegults from an increasing in vehicle
size. Unless a large increase in additional deveéoy cost is experienced, the cost of
providing propellant to LEO is more than the ina@an the total architecture cost. The
true value is not to limit the increase in vehiclest, but rather to decrease the risk in
developing a new complex system. Utilizing propalleefueling to limit the impact that
design uncertainty has on the development procatesially provides a greater level of
value. This can prevent substantial schedule sl td additional design and re-design
work, and can prevent the design from becomingasifde or not being able to meet
program level requirements. A gap between desigalmity and program requirements
generally leads to the addition of new technologibgh increase program cost and risk.
If new technologies can not achieve the requiredei@se in performance than a reduction
in program requirements may be required. Offloagngpellant can eliminate this gap
without relying on new technologies and withoutr@asing the capability of the design.
Eliminating this development risk is difficult taugntity, but it provides a high level of
value to NASA as it reduces the likelihood thag&adesign changes are needed through

the development process.
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7.2.2 LIFE CyCLE COSTVALUE FOR REFUELING PROPELLANT LOST TOBOILOFF

The second major source of value is relatedeadgtpendency of the architecture
on the LEO propellant boiloff, and how it affectsot major FOMs. The first is an
increase in payload capability both to LEO andhi lunar surface, and the second is an
improvement in the Loss of Mission (LOM) of the laitecture. These architecture
improvements have been discussed in great detathapters 5, 6 and 7. It was shown
previously in this chapter how an increase in pagl@apability can provide value to
NASA by lowering the cost and reducing the lengthttee lunar campaign (section
7.1.2), but how is an improvement in LOM quantifiadterms of a total cost or savings
to the architecture. The cost of a LOM to NASA ud#s: the money and time spent on
deployed hardware, effects of delays on the exptorgrogram, re-design work needed
to prevent future failures, and other political asatial factors associated with losing a
multi-billion dollar mission. Assuming that a LOM due to propellant boiloff and not a
catastrophic design failure, then the additionadesign work and schedule slip is small.
The total cost to the program can then be appraeidhas the cost of the hardware that
was deployed and not salvageable for future missidhis would include the cost of the
CaLV and LSAM which are deployed prior to the lannaf the crew. The value to
NASA is the total cost saved by eliminating thisM@cenario multiplied by the number
of times it will occur over the course of the camgpa minus the cost of providing the
propellant to the architecture. This is depictedquation 8. The probability of a LOM

as a function of the designed LEO stay time wasigeadl in Figure 82.

VRefueIingBoiIoﬁ = ChardwareX I:)LOM - cPropellanRefueIing (8)
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A summary of this value as a function of the des®jLEO loiter period and the
launch separation time is provided in Figure 92s kvident in this chart that the greater
the launch separation time, the more value propeliefueling offers NASA. This is
because the longer the separation time, the mkedylian event will occur that will
prevent the launch of the crew from occurring ohesitle. In this case, implementing
propellant refueling for a mission with a seven daparation has a seven times greater
value than for a mission designed with only a 9@ute separation. It also must be noted
that is the order of the launch is switched so thatcrew are delivered before the cargo
than the value of refueling the architecture isagyereduced. It still has a payload
benefit, but no longer a LCC savings. There is alstecrease in the value for missions
designed to remain in LEO for longer periods ofetinihe probability of losing a mission
becomes less likely as the LEO stay time increésesuse more time is available to
resolve the issue which caused the delay. Thugnission could continue within the
allowable time. These results do not consider edaergained by increasing the payload
capability or decreasing the size of the vehicle ttuthe reduced mass of propellant that
must be carried to LEO, but these have been odtlseparately. This would further
increase the value for missions with a longer LE&Y $ime. It is also evident that value
is not always provided when utilizing propellantfueding in this manner. In the cases
where short separation times and long LEO staydsimere considered, a negative value

is seen because the costs to the program are igtieatethe potential benefits.
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Figure 92: Value of Eliminating the LEO Boiloff LOMcenario

7.2.3 LIFE CycLE COSTVALUE FOR AN INCREASE INPAYLOAD CAPABILITY

The total savings achieved through an increasepagload capability was
discussed in detail in Section 7.1.2; it improvied teployment of the lunar outpost and
the operation of the extended stay missions. Tte w@lue, however, includes the cost
savings to the lunar campaign, the reduction inpEagn time, possible increase in the
science capability per mission, a greater paylcagghbility to achieve extensibility to
future missions, and risk mitigation through arr@ase in allowable design margins. The
value obtained through an increase in the paylaguhlulity extends throughout the
design of the entire architecture. The value of risk mitigation and extensibility are
discussed separately as they address a particesaggndFOM. The value of reducing the
length of the campaign enables NASA to either iaseethe number of missions it can
complete within the current schedule or to reduwe ttime frame before human Mars

missions can begin. The ability to increase thersm@ output during the extended lunar
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missions also provides value but to a less extem & reduction in the life cycle cost,
because it does not address a particular FOM. Aitgtinge discussion of the impact that
these have on the architecture is provided in 8&ectl.3. The result of these
simplifications is that the total value of an irgse in payload capability can be closely
approximated as the total savings to the architechy decreasing the number of
missions needed to complete the lunar campaigumnsary of these results is provided
in Figure 93. In this case, the total value is espnted by the difference between the
benefits and costs of implementing propellant rigfige The colored bands correspond to
an increase in cost as the price of propellanteg®es. An increase in propellant price
represents a small increase in the total costlaa@fore has a small impact on the value.
These results again show that an improvement inopdycapability always provides
value to NASA. It would require a substantial irase in the development cost and the
price of propellant in order for these benefitdb®werased. These results also show that
allowing the EDS to perform the LOI maneuver pr@adhe greatest value since this
option provides the greatest improvement in payhMétout significantly increasing the

propellant requirements over the other options.
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7.2.4 LiIFE CYCLE COSTVALUE FOR INCREASING EXTENSIBILITY

The introduction of propellant refueling can ajs@vide considerable value to
missions designed to go beyond the Moon, spedficGlhuman Mars mission. The
biggest change from the lunar campaign to a Massion is the quantity of cargo that
must be delivered to LEO. The total payload thastrhe delivered to LEO for Mars
DRM 3.0 is in excess of 440,000 Ibm of mission pagl, plus three 150,000 Ib Nuclear
Thermal Propulsion (NTP) stages [71]. This totdhsast one million pounds of payload
that must be delivered to LEO before each Marsionsg he use of propellant refueling
can improve these large cargo missions by incrgasi@ amount of payload that can be
delivered to LEO on the cargo launch vehicle, apgioviding an alternative in-space
transfer vehicle. The value is a reduction in thenher of launches needed to complete

the mission, and thus a large reduction in thd wiat of a Mars campaign. The major
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issue is that a considerably larger amount of gdlapeis needed than for the lunar
campaign, though the risks would be less assumieg dapability had been fully
demonstrated during the lunar campaign. The cossuge benefit for introducing
propellant refueling for a set of Mars missiongisvided in Figure 94. The details for
the cost estimation used in this analysis weregmtesl in Section 7.1.4. The value can be
interpreted as the difference between the “No Refgecurve and the three propellant
price curves. The benefit is a summation of thengmvachieved through a decrease in
the number of launches, and the cost is the praqmtetequired to re-fuel each mission
plus the development of a larger LEO propellantodef he large depot will also have to
be delivered to LEO, but would likely require mplé launches as the size of a single
propellant depot would be to large to deploy inrggle Ares V launch. The number of
launches refers to the number of cargo launchesiregtjto complete a Mars single
mission. The reference mission considered during&alled for three cargo missions.
The increase in the number of launches represergsowth in the Mars campaign
requirements or additional Mars missions. Theselt®show that the value to the Mars
architecture increases as the number of cargo hesnincreases, because a greater
number of NTP stages can be replaced with a redueDS, saving both the launch and
production costs of this engine, but the biggestings is the elimination of the
development of the NTP system.

Even with the large quantity of propellant neededperform the trans-Mars
injection maneuver, the cost of propellant is kbss the cost of building and delivering a
NTP stage to LEO. The total savings of replacirgghfTP system with propellant for the

EDS is small on a per mission basis, but as thebeurof required cargo missions
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increases, the use of the EDS as the Mars tramsfacle has the potential to provide a
significant value to NASA. An additional benefit that the development of a NTP
system is no longer required for Mars missions,ciwtdould save an additional $5B [69]
in development costs. Eliminating the NTP completgbm the Mars architecture
requires that an additional EDS or CLV Upper Sthgeused for the return segment of
the Mars mission. This increases the amount ofglltapt required, but reduces the total
cost of the missions. These results show that $skeotipropellant refueling could provide
value to a Mars mission by simply replacing the NSt&ge with the already deployed
EDS. These results are also not very dependenthedst of each cargo launch as the
majority of the savings comes from the ability tonenate the need to develop the NTP

stage.
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Figure 94: Value to Extending the Architecture telars Mission

A summary of the total value that propellant refuglcan provide NASA is

provided in Figure 95. This figure illustrates therall effect of implementing the “best”

261



refueling strategies into the exploration architeet under the assumptions in this work.
These refueling strategies can help simplify theettgpment of the architecture elements,
reduce the effect of program level requirementd,ienprove the concept of operation on
both the lunar and Mars exploration missions.

It is evident that the greatest value to the aechitre is the ability to increase the
payload capability because it can achieve the gsed@enefit by increasing the flexibility
of the architecture. In Section 7.1.2 it was shawat this increase in flexibility can
decrease the length of the lunar campaign resuiting decrease in LCC of $2.6B to
$13B depending on the assumption for the price ropglant and the fixed versus
variable cost. By contrast, the use of propell@&itegling to help mitigate mass growth
has a large cost associated with it because ofatheunt of propellant that must be
provided for each mission. There is still a smahéfit to LCC that can be achieved,
though generally less than $500M and only for adiopropellant price and high increase
in mass growth. The primary value of this methodthge ability to reduce the
development risk of the architecture. This methad provide a secondary benefit of
introducing propellant refueling to the architeetuPropellant refueling can also help
lower the LCC of Mars missions by reducing the nambf cargo launches. The total
value is dependent on the number of cargo missamts the decrease in savings by
eliminating the NTP stage ($3.5B + $1.8BxMissiorid)ese results assume that each of
these changes is implemented separately, but althe$e options are capable of
simultaneously being applied to the architecture.fdct, any number of propellant
refueling strategies can be implemented togethkis Would help further increase the

value as the development cost would only need tadmounted for once. The Pareto
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frontiers discussed in Chapters 5 and 6 providedeece that the best propellant
refueling strategies utilize a number of propellegfueling techniques to combine the
benefits they provide to the architecture. Theofelhg section will outline the final value

proposition that propellant refueling offers NASAggploration program.

$0.4 B, value only for large design changes

Value = $3.5B + $1.8B/Mission

$2.6-13B, depends
on LCC assumptions

[ Shorter outpost deployment

[] Eliminate boiloff
Range: 0- $2.8B, [] Eliminate mass growth

deCﬂdS on LEO [ Architecture extensibility
design stay time

Figure 95: Total Value of Propellant Refueling

7.3 THE VALUE PROPOSITION OF PROPELLANT REFUELING FOR NASA

The work presented in Chapters 5, 6, and the lim#t of Chapter 7 outlined the
effects that various propellant refueling methodsehon the baseline architecture. The
goals of this thesis are to develop the value psilom of propellant refueling. This
requires that the work presented thus far (theatharization of how propellant refueling
effects on the baseline architecture) be translatieda set of statements that outline the

specific improvements made to the baseline ardhitec These statements should
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convince NASA of the potential improvements to theseline architecture that can be
achieved by implementing propellant refueling. Matue proposition is broken down
into five categories that summarize the work presgnn this thesis. The categories
include: an increase in the LEO payload capabildy, increase in the lunar surface
payload capability, decoupling the mission religpilfrom the cryogenic propellant
boiloff, increasing the functionality of the EDSealeasing the size of the architecture

elements, and enabling the development of a reeisaiphch vehicle market.

7.3.1 INCREASEDLOWEARTH ORBIT PAYLOAD CAPABILITY

The results presented previously in this thesssudis three potential means of
increasing the LEO payload capability. These omtiorclude: eliminating the need to
carry additional propellant to LEO to account failbff, increasing the EDS propellant
used during ascent, and offloading the EDS or LSpidpellant prior to liftoff. The
value of increasing the payload that the architectan deliver to LEO can be broken
down into three components. This includes an irsgeia the lunar surface payload
capability, the ability to mitigate mass growth gtit limiting the capability or changing
the design of the architecture elements, and pioyid greater capability for high mass
exploration missions. The increase in lunar surfadoad capability is a direct result of
a greater mission payload being delivered to LEKRe @dditional capability can be used
to increase the size of the LSAM, and the payldeat tan be delivered to the lunar
surface. The size of the LSAM is limited by the @bitity of the CaLV. The addition of
propellant refueling can provide a means to imprthie capability, thus resulting in a

greater lunar surface payload.
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One of the most significant improvements that ptigmt refueling can offer is the
ability to mitigate the effect of mass growth ore tbdevelopment of the exploration
architecture. The concern with mass growth is ihaeduces the capability of the
architecture and often results in the design of dahghitecture temporarily becoming
infeasible. In a traditional design problem, anxpexted increase in system mass would
result in a number of required design changes. &hmm include changes to the
architecture elements or changes to the requiren@ated on the architecture. Design
changes to the individual elements lead to an aseén the development cost and often a
delay in the program schedule. These can both Iecylarly detrimental if large
technology development programs are required. Titerooption is to reduce the
requirements on the architecture, which will hapetiminate the effect of mass growth.
It will also, however, reduce the original objeevof the architecture. The introduction
of propellant refueling can increase the amourgafload that can be delivered to LEO
without significantly changing the design of theséle architecture elements.
Increasing the payload capability above the baseleguirements provides a payload
margin that can be used to account for an incrigasgstem mass. This provides a single
solution to mitigate any mass growth that occunsnduthe development process instead
of introducing a number of new technology programseduce the mass and improve the
capability of the architecture.

The third portion of the value is the ability tmprove the capability of future
exploration missions by providing a larger LEO mayl. Future exploration missions
will require a larger payload capability than igjueed for lunar missions. The ESAS

study provided an initial Mars architecture thatwdbrequire more than one million
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pounds of payload to be delivered to Mars befohei@man mission could be conducted.
The ability to provide a greater LEO payload wouldrease the extensibility of the
current architecture, allowing it to better adapttte needs of future missions. The main
result is a reduction in the number of launchesuireq to deliver the exploration
payload. This would lead to a reduction in the aoisieach mission, and potentially

provide a more sustainable architecture.

7.3.2 INCREASEDLUNAR SURFACE PAYLOAD CAPABILITY

Throughout this thesis, the discussion has focosethe ability of the propellant
refueling to increase the payload delivered toltimar surface. The results showed that
increasing the LEO payload and increasing the fanatity of the EDS can result in a
greater payload delivered to the lunar surface. Valkeie of increasing the payload
capability can be categorized by three potentigbaots on the lunar campaign. The
improvements include: increasing the capabilityeath lunar mission (science, length,
coverage, etc.), providing alternative solutionsiéploy the lunar outpost infrastructure,
and offering an additional means to mitigate systesss growth on the LSAM.

Increasing the payload capability that the LSAM ciliver to the lunar surface
can increase the number of scientific objectivest thre achieved during each lunar
mission. A greater payload mass can allow moreunstntation to be used during each
mission. This improvement in scientific equipmeanhrovide either a more in-depth
analysis or a greater variety of instruments t@ helderstand the lunar environment and
better prepare humans for future exploration missid\ greater payload mass can also

allow longer lunar missions, especially in the cab¢he seven day sortie mission. The
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length of the sortie mission is limited by the daipty of the LSAM and does not utilize

any pre-deployed outpost infrastructure. A largaylpad capability can increase the
capability of the life support systems, allowing ttrew to remain on the lunar surface
for longer periods. Increasing the length of thetisamissions would allow a greater
amount of science to be completed during each amsand potentially reduce the
number of mission required to achieve the scientibhjectives of the architecture. This
could reduce the cost of the lunar campaign becdoskling the science completed
during each mission requires a lower cost than gotmay two lunar missions. A number
of other potential improvements to the scientifapability of the architecture can be
achieved by increasing the mass that the LSAM cdivet to the lunar surface. The
value of this capability can be summarized by thditg to increase the scientific

objectives obtained during each lunar mission,valig NASA to increase its return on

the large investment made to develop the exploratrchitecture.

The analysis in Section 6.1.2 discussed how th€ b€the lunar campaign could
be reduced by decreasing the number of missionsreeto deploy and operate the lunar
outpost. One potential outpost manifest, assumigg durrent architecture capability,
requires nine missions to fully deploy the infrasture needed to begin operating the
lunar outpost. Utilizing propellant refueling tachease the payload capability to the lunar
surface can potentially reduce the number of mmssiteeded to deploy the lunar outpost
to less than four missions. This can save the lwaanpaign billions of dollars by
eliminating more than half of the outpost deploymarissions, which can be done
without affecting the scientific missions that begince the outpost is fully deployed.

Considering that budgetary concerns are one ofrtam limiting factors in conducting

267



exploration missions, this reduction in cost caovpte substantial value to NASA.
Another potential improvement, depending on thefwsurface payload capability, is the
ability to deliver the crew and cargo needed fazhelunar outpost mission in a single
launch. The current capability requires that twesians be conducted, the first to deploy
a PLM to the outpost and the second to deliverctieev. Utilizing the EDS for the LOI
maneuver increases the lunar surface payload dapaiich that, from mass standpoint,
both the crew and cargo can be delivered in a aimgission. This would save the
architecture the cost of a CaLV and LASM for eaaktpost mission, further reducing the
cost of the lunar campaign. A complete descriptibthese results can be fund in Section
6.1.2. The value is summarized as the potentidetoease the cost of the lunar outpost
missions by utilizing an increase in lunar surfpagload capability to reduce the number
of required missions, or by increasing the numienissions that can be conducted over
the same time period.

The final impact that a greater lunar surface gayl can have on the lunar
architecture is to provide another potential meznsitigating mass growth on the CaLV
and LSAM. The previous section discussed how massith could be mitigated by
reducing the amount of propellant that the CaLVivdeéd to LEO, while keeping the
mission payload constant. The mission payload nmsafise mass of the LSAM plus the
lunar surface payload. It was shown in Sectionl6tiiat propellant refueling can be used
to decrease the mass of the LSAM while increashmg lunar surface payload. This
allows the mission payload to remain constant winikeeasing the lunar surface payload.
If the mass of the LSAM increases, the lunar serfpayload can be decreased without

increasing the mission payload the CaLV must delteeLEO. The additional payload
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capability achieved by utilizing propellant refusli provides the architecture with an
additional payload margin. This margin can be usedlow an increase in LSAM mass
without reducing the original payload requiremenitshe architecture. In most cases, the
mass growth can be mitigated while still achievangreater lunar surface payload. The
value is the ability to accommodate mass growtithenLSAM without increasing the
requirements on the CaLV or reducing the lunaraa@fcapability. Without this payload
margin, the decision maker would have to reduceréggirements on the LSAM or

accept additional growth on the CalLV.

7.3.3 DECOUPLING MISSION RELIABILITY FROM PROPELLANT BOILOFF

One of the major benefits of propellant refuelsigcovered in this thesis is the
ability to replace the propellant lost to boilofhike the EDS and LSAM loiter in LEO.
The introduction of this strategy has been showprtwide a greater payload capability
and to achieve improved mission reliability. Thelueaof an increase in payload
capability was discussed in the two previous sastidhis section will outline the value
of decoupling the success of each mission fromatheunt of propellant lost to boll-off.

In the baseline architecture, the crew and cargadalivered to LEO separately.
The EDS and LSAM are designed to be delivered sdags prior to the crew. Based on
previous launch systems, it is likely that the ClaMl experience a delay that could
prevent it from launching on time. The EDS and LSAK designed to carry additional
propellant to account for the boiloff that occursidg this delay. These vehicles may be
required to carry enough additional propellantd¢oaaunt for somewhere between fifteen

and ninety five days of propellant boiloff. If ti@&V is delayed beyond this period, then
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the EDS and LSAM will not have sufficient propelldaa perform the remaining mission
maneuvers. The result in the EDS and LSAM beingadlded, and an additional launch is
then required to deploy a new set of vehicles. T significant increase in cost to the
architecture. The introduction of propellant refngleliminates the dependence of the
architecture on the amount of boiloff. The EDS &8AM are now launched to LEO
without any additional propellant, and the prop#ilbst to boiloff is replaced once the
crew is delivered to LEO. In this case, the CLV bardelayed for any period of time and
the EDS and LSAM still have sufficient propellant complete the remaining mission
maneuvers. The value to NASA is that the cargo etemof the architecture (EDS and
LSAM) are never lost because of a delay in launghime CLV. This has both economic
and political value because discarding billion dolhardware elements would appear to

be an insufficient use of public resources.

7.3.4 INCREASING THE FUNCTIONALITY OF THE EARTH DEPARTURE STAGE

The EDS is designed to function as both tPfestage of the CaLV and as the in-
space transfer stage between Earth and the Moois. pgrbvides the EDS with the
capability to hold 500,000 Ibm of usable propellartis stage, once re-fueled, has the
potential to provide a very large propulsive mareguhat can be used to transfer large
payloads for various exploration missions. It wacdssed previously that the EDS can
be used to provide the LOI and TLI maneuvers, tegulin an increase in the lunar
surface payload capability. It is unlikely that thél potential of the EDS could be used
for lunar missions because high mass payloadsaneeeded. The payload capability for

Mars missions, however, is much higher and wiluiegja significant propulsive stage to
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meet the estimated demand. The baseline Mars missiuires the development of a
new Nuclear Thermal Propulsion (NTP) system tosf@ncargo between the Earth and
Mars. This new system would require an initial istveent between $4B and $5B to
develop a flight-ready vehicle [69], plus the agthail cost to produce and launch the
stage to LEO. Utilizing the EDS would require na@édnal development, production, or
launch costs since the EDS is already utilizedelovdr the Mars cargo to LEO. The EDS
would only need to be re-fueled with sufficient petant to complete the trans-Martian
injection (TMI) maneuver. The baseline Mars missiequires six cargo launches: three
to deploy the cargo elements and three to dellveMNTP stages required to transfer the
cargo to Mars. The value offered by increasingftimetionality of the EDS is the ability
to eliminate the development of the NTP systemwel as, a reduction in launch cost
because the transfer stage is deployed along hétlcargo elements and does not require

a separate launch.

7.3.5 DECREASING THE SIZE OF THE ARCHITECTURE ELEMENTS

The work in this thesis has primarily focused ba value of utilizing propellant
refueling to improve the payload capability of #rehitecture. The results in Chapter 6,
however, showed how the architecture could be ingmoby utilizing propellant
refueling to directly reduce the LCC by decreadimg size of the architecture elements.
This can be accomplished by reducing the amouptagellant delivered to LEO. While
this work has primarily focused on the CalV, redgcthe propellant delivered by the
CLV can also lower the cost of the architecturee Tnawback of this solution is that a
reduction in LCC comes at the cost of future extslity because the LEO payload

capability is reduced.
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The ability to decrease the size of the architecélements can offer a number of
improvements, and therefore value, to the desigthefexploration architecture. The
most notable improvement is the ability to decrehsedevelopment and production cost
of the architecture elements. Chapter 6 discussadhsignificant cost savings can be

achieved by decreasing the size of the LSAM.
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7.3.6 SUMMARY OF NASAVALUE PROPOSITION

Table 49: Summary of Propellant Refueling Value

Effect on Architecture

Value to NASA

Greater LEO payload 0

Provide a greater lunar surface payload
Mitigate against potential mass growth during
architecture development

Provide a greater payload for future exploration

missions

Greater lunar surface payloado

(0]

Increase scientific capability for each lunar nossi
Enable alternative deployment strategies that can
reduce cost and length of the lunar campaign
Mitigate against potential mass growth during
architecture development

Increase mission success )

Eliminate any missions being lost because the CLV
is delayed beyond the design LEO loiter time
Remove dependence of the architecture on the
propellant boiloff

Increase functionality of EDS o

Eliminate the need to develop a new NTP system
Decrease the number of launches requires for
exploration missions

Increase usability of current hardware.

Decrease size of vehicles 0

Decrease size and cost of architecture elements

Reduce physical constraints on launch vehicles
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CHAPTER 8

CONCLUSIONS AND FUTURE WORK

The goal of this research was to develop a thdrougderstanding of how
propellant refueling would impact NASA baseline kexpation architecture, providing a
more in-depth analysis than is available in theresur literature. This goal has been
accomplished by developing a parametric architeatiodel that can be used to evaluate
the changes in the architecture FOMs when varigopglant refueling strategies are
added to the baseline design. A number of refuddingtegies have been identified that
show an improvement to each FOM, while other sfiatehave been shown to adversely
affect one or more of the FOMs. It was also showat tmany propellant refueling
strategies have a larger impact on the archite¢hae other design variables considered
(thermal mitigation, LSAM ascent engine, and LEQ@eloperiod). A value proposition
was finally presented to summarize why an architecthat utilized propellant refueling
was better equipped to meet the goals of the VisownSpace Exploration than the
current baseline design. The following will outlitiee original goals of this thesis and

describe how they were accomplished during thikwor

8.1 GOALS OF THE DISSERTATION

The objectives of this research were specifiethiee different goals set out in

Section 1.3. These goals are restated below:
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 Goal 1: Develop a lunar architecture model capabté evaluating various

propellant refueling techniques.

This goal was established to provide a foundafmmanalyzing the effect of
propellant refueling on the exploration architeetuburing the literature review, it was
found that a detailed analysis of propellant refigehad not been performed. Most of the
previous work on propellant refueling had been t@aiito single architecture designs or
relied solely on a qualitative discussion. This elqorovides a means to evaluate a large
number of propellant refueling strategies and mesasie effects on the design of the
entire architecture. While this model specificdthguses on the CaLV and LSAM, it can
easily be expanded to include the remaining archite elements.

A detailed discussion of this model was providedChapter 4. This model was
developed using the ModelCerftedesign framework to simplify the integration ofth
analysis modules and to provide an automated psdoesevaluating a large number of
trade studies. This framework is provided in Figdée Any propellant refueling strategy
can be selected, and the parameters passed istsirtilation environment. The impact
on the architecture elements is first determined, then the FOM can be evaluated and
compared against the baseline design. This allbevslecision maker to understand how
different refueling strategies impact the explanatarchitecture, and thus which of these

strategies provides the greater level of value AGN.
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Figure 96: Propellant Refueling Design Space SitiarigEnvironment

* Goal 2: Explore and understand the effects that pedlant refueling have on

NASA'’s baseline exploration architecture

This goal was accomplished by developing a sekesfgn variables that could be
used to investigate the impact of a wide varietymfpellant refueling strategies on the
exploration architecture. These design variablesviged the basis for the different
refueling strategies that were considered in tesis. The impact of each was measured
against the baseline design and the relative imph&ach was compared against the
other potential refueling strategies. A Morphol@jiMatrix was used to illustrate these
design variables and the respective ranges usisimvork. The Morphological Matrices

for Scenarios One and Two are provided in Figuiieartd 98.
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Additional Ascent

0 25,000 Ibs 50,000 Ibs 75,000 Ibs 100,000 Ibs
Propellant
EDS Boil-off
Mitigation ML MLI+Cryo
Lander Stage None Descent Ascent Both
Re-fueled
Lander Propellant 50% 100%
LSAM Ascent LOX/LH2 LOX/LH2
Propellant LOX/CH4 Hypergols (pressure) (pump)
Lander Boil-off
Mitigation MLI MLI+Cryo
LOI Burn Element EDS LSAM DS
LEO Requwed Stay 95 Days 15 Days
Time
Re-fuel Boil-off No Yes

Figure 97: Trade Study Morphological Matrix, Scen@ne

Offload TLI
propellant (LOX) 0 25,000 Ibs 50,000 Ibs 75,000 Ibs
Offload TLI
propellant (LH2) 0 5,000 lbs 10,000 Ibs 15,000 Ibs
EDS Boil-off
Mitigation MLI MLI+Cryo
Lander Stage None Descent Ascent Both
Re-fueled
Lander Propellant 50% 100%
LSAM Ascent LOX/LH2 LOX/LH2
Propellant LOX/CH4 Hypergols (pressure) (pump)
Lander Boil-off
Mitigation MLI MLI+Cryo
LOI Burn Element EDS LSAM DS
LEO Required Stay 95 Days 15 Days
Time
Re-fuel Boil-off No Yes

Figure 98: Trade Study Morphological Matrix, Scendiwo
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Five of the design variables directly investigasegarticular propellant refueling
strategy, and four additional design variablesmaeameters that could also be affected
by the introduction of propellant refueling. Theclusion of both categories of design
variables showed the relative impact of propellaiteling compared to other design
variables important to the design of the architextd’he propellant refueling design
variables were shown to have the largest impadhenarchitecture FOMs. One of the
primary results missing from the propellant refoglliterature is a comparison of various
refueling strategies with respect to a common é&chire design. Having this
information would allow a decision maker to undanst which refueling strategy could
be used to improve a particular FOM and which wobklp provide the greatest

improvement to the design of exploration architeztu

* Goal 3: Determine the costs and benefits of addprpellant refueling to the
lunar architecture and determine what approach h#se greatest effect on the

over all design of the architecture.

The final goal was to utilize the design space aidulation environment
developed for Goals 1 and 2 to determine if pr@pellrefueling could improve the
baseline lunar architecture. It was also of intetesletermine which refueling strategies
provided the greatest value to NASA. This was ag@hed in two phases. The first
was to determine which refueling strategies had greatest impact on the baseline
design. This was achieved by developing a Paretatiér for LCC and payload

capability for both Scenarios One and Two. The L&@ payload capability were the
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only two metrics initially considered because thediability, risk, and extensibility
metrics were addressed later as a part of the bwedae proposition. The conclusion
from the Pareto frontier analysis provided thre&aative refueling strategies for

Scenario One and two for Scenario Two. These gfiegare provided in Table 50.

Table 50: Summary of Preferred Refueling Strategies

Best Strategies Scenario One Scenario Two
Re-fuel propellant lost to boiloff Yes Yes
Utilize EDS for LOI maneuver Yes Yes
Reduce propellant delivered to LEO Yes No

The second phase was to determine the value mwviy these preferred
refueling strategies, measured by their impacthenarchitecture FOMs. In the case of
the LCC, it was shown that two separate effectsldcaomprove this metric. An
improvement in the lunar surface payload capabilias shown to have the potential to
reduce the cost of the lunar campaign by redudiegniumber of missions required to
deploy the lunar outpost, and perform the six-ma@xtended stay missions. It was also
discussed how the LCC could be reduced by elimmgatihe dependence of the
architecture on the amount of propellant lost tibdfio

The introduction of propellant refueling can afgovide an increase in the LEO
and lunar surface payload capability. This incréaggayload capability can directly lead

to an improvement in the effectiveness of the exgtion architecture. The increase in
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effectiveness is a result of the ability to perfoanwider range of lunar missions. This
stems from the ability to use the increase in paylto perform a greater level of science
during each mission and to reduce the number oBiamisrequired to achieve the
objectives of the lunar campaign. The increaseaylqad capability is also the primary
means used to improve the other architecture FG¥Wisincrease in flexibility provides
the architecture with a greater design freedom #flatvs overall design changes to be
made that were not possible with the baseline sacture design.

The reliability of the architecture can also bepioved because propellant
refueling can be used to decrease the chance thassaon will be lost, although the
architecture becomes dependent on achieving a ssfotepropellant transfer. This
improvement in reliability is achieved by utilizingropellant refueling to replace the
propellant lost to boiloff, and thus eliminatingigshLOM scenario. Introducing any
refueling strategy does impact the reliability oé tarchitecture, but as shown in Section
7.1.3, an overall improvement in reliability candigained.

The introduction of propellant refueling has beshown to decrease the
development risk associated with the NASA exploratprogram. This is achieved by
providing a means to mitigate unexpected desigmesssuch as mass growth, without
requiring substantial design changes. The curnaftitacture has experienced a number
of design changes, especially with the Ares V, tisate lead to the addition of a number
of advanced technologies. The inclusion of prop¢ltafueling would eliminate the need
for a number of these design changes, as welltageethe need for new technologies to
be added to the design of the architecture. Treseaelevel of risk involved with maturing

the technologies required for propellant refuel{figid transfer, long term propellant
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storage, and automated docking systems). Thishimkever, is likely offset by reducing
the number of other advanced technologies that atohitecture relies upon. The
development of a single technology program has weerdorisk and cost than the
development of multiple technologies that resulh® same closed vehicle design.

The final FOM discussed is the extensibility oé @rchitecture. The introduction
of propellant refueling improves this metric byligtng the EDS for missions beyond the
Moon. Section 7.1.4 discussed the payload capgalfithe EDS, assuming it could be
refueling once delivered to LEO. It was shown thas stage could provide large
payloads for various missions beyond the Moon withtbe development of a new NTP
system. The extensibility of the architecture ipioved because a greater portion of the
current lunar architecture can be used for missianthe next phases of the NASA

exploration program.

8.2 HYPOTHESESDISCUSSED IN THIS DISSERTATION

The hypotheses outlined in Chapter Two are pralidelow. These hypotheses
have been explored during this dissertation andclosions for each have been

developed. These conclusions are outlined below.

* Propellant refueling can be used to reduce theopaytequirements on NASA'’s

baseline launch vehicles.
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» Utilizing propellant refueling in LEO can increatiee propellant on the EDS,
allowing it to perform a wider variety of missioasd increase the lunar surface
payload capability of the baseline architecture.

* A propellant depot in lunar or Martian orbit canprave the extensibility of
NASA'’s exploration architecture.

* A low cost propellant delivery price is needed take refueling affordable to

NASA'’s exploration program.

Offloading propellant from the EDS and LSAM hasmebown to be an effective
means to increase the payload capability of thhiature. It was also established that
offloading propellant to reduce the size of thehdecture elements only slightly
decreased the LCC, while dramatically reducing éxéensibility of the exploration
architecture.

One of the greatest improvements to the baseliokitacture is the ability to
utilize the EDS to perform mission maneuvers initald to the TLI required by the
baseline architecture. Utilizing the EDS for the IL@aneuver was shown to greatly
increase the lunar surface payload. The EDS cantasused to perform the injection
maneuver for other exploration missions, reducimg mumber of launches required to
extend the architecture beyond the Moon.

A propellant depot in Martian orbit can be usededuel the EDS and allow it to
provide the Earth return maneuver. This would catghy eliminate the need for the

development of a Nuclear Thermal Propulsion syst€éhms allows future exploration
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mission to rely solely on the current architect@lements, providing an improved
extensibility.

The final hypothesis was that low cost propellaeliveéry was essential to the
affordability of propellant refueling. This was aresmon requirement discussed in much
of the literature. It has been shown that evenrsewative estimate of the propellant
delivery costs can lead to an overall reductiothenLCC of the exploration architecture.
This is because, while the introduction of propdlleefueling adds additional cost to the
architecture (depot development and propellantveg}), it also provides an avenue to
lower the cost of other areas of the exploratiochiéecture. The cost of propellant
refueling is small compared to the cost of the iéeckure elements and therefore can help
lower the LCC by reducing the number of missiongdeel to complete the lunar

campaign.

8.3 CONTRIBUTIONS

The primary goal of this research was to develogefnitive understating of
propellant refueling and how it applied to explaatmissions. This goal was established
after an extensive investigation of the literatteeealed that no comprehensive analysis
of propellant refueling existed. The propellanueding studies found in the literature had
three inherent limitations which were addressedthis research. These limitations
included a minimal investigation of how propellargfueling can be applied to
exploration missions, the use of only a single eat@bn criterion, and the lack of a
reference baseline architecture from which to makenparable conclusions across

multiple studies. These shortcomings have beeneaddd in this research through the
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use of system engineering practices, which allowedarger design space to be
considered, and a number of FOMs to be used tolaewyerall conclusions about the
value of this new capability. The NASA baselinehatiecture was then used as a non-
refueling reference point to access the overallealf propellant refueling. This provided
a means of understating how future exploration imiss could be improved by
implementing this capability, and allowed the detieation of the price of propellant
needed in order to provide a greater value thawuhent architecture design.

The contributions if this research were the dgwelent of a unified analysis of
propellant refueling that went beyond the copehefprevious design work. This resulted
in a number of refueling strategies that were shtwimprove the design, and thus add
value, to the current baseline exploration architec This value was achieved by greatly
improving the flexibility of the architecture withib substantially increasing the mission
costs. This improved flexibility was shown to redube overall cost of the lunar and
Mars campaigns while improving the surface payleagability. As a result of this
research, a greater confidence in the applicatibrpropellant refueling to future
exploration mission has been achieved, and a nuwiberethods have been presented

that offer improvements to the design of the curegohitecture.
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APPENDIX A

Lift and Drag Coefficients (APAS)

Table 51: Lift Coefficients, without Solid RockebBsters

Mach Number

alpha (deg) 5 8 10 15 20
-10 -1.2642 -0.8871 -0.7426 -0.6265 -0.5809

-5 -0.5598 -0.3589 -0.2764 -0.2002 -0.1673

0 0 0 0 0

0.5598 0.3589 0.2764 0.2002 0.1673

10 1.2642 0.8871 0.7426 0.6265 0.5809

15 2.113 1.616 1.4363 1.3049 1.2978

20 3.1013 2.5344 2.3349 2.2539 2.2167

Table 52: Drag Coefficients, without Solid Rocketd3ters

Mach Number

alpha (deg) 5 8 10 15 20

-10 0.4582 0.6194 1.1054 1.0692 1.0444
-5 0.2784 0.475 0.996 0.9751 0.9568

0.2378 0.4599 0.9721 0.9614 0.9457

0.2784 0.475 0.996 0.9751 0.9568
10 0.4582 0.6194 1.1054 1.0692 1.0444
15 0.8071 0.9271 1.3628 1.3091 1.1045
20 1.3881 1.4441 1.8316 1.5911 1.491
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APPENDIX B

Mass Estimating Relationships

Table 53: Drag Coefficients, with Solid Rocket Btwrs

Mach Number

alpha 0.3 0.6 0.9 1.1 1.5 2 4 5
-10 -1.822  -2.479  -3819  -4980 -2.918  -3.626  -1.822  -1.514
-5 -1.497  -2.153  -3.490  -2534  -1.421  -1.728  -1.497  -0.670

0.000 0.000 0.000 0.000 0.000 0.000 0.000 0.000
5 1.497 2.153 3.490 2.534 1.421 1.728 1.497 0.670
10 1.822 2.479 3.819 4.980 2.918 3.626 1.822 1.514
15 2.265 2.914 4.238 7.572 4.418 5.557 2.265 2.534
20 2.788 3.420 4,708 10.092  5.947 7.474 2.788 3.720
Table 54: Drag Coefficients, with Solid Rocket Btwrs
Mach Number

alpha 0.3 0.6 0.9 1.1 1.5 2 4 5
-10 0.711 0.885 1.239 1.497 1.020 1.218 0.614 0.577
-5 0.513 0.629 0.867 0.846 0.618 0.738 0.364 0.361
0 0.377 0.437 0.557 0.650 0.487 0.593 0.299 0.312

0.513 0.629 0.867 0.846 0.618 0.738 0.364 0.361
10 0.711 0.885 1.239 1.497 1.020 1.218 0.614 0.577
15 1.013 1.244 1.715 2.658 1.703 2.057 1.092 0.995
20 1.446 1.733 2.317 4.261 2.708 3.275 1.844 1.692
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Cargo Launch Vehicle Mass Estimating Relationships

Primary Structure= 125(SAStage)1-075* CF

SecondaryStructure= 206* (271 2)* CF

SeperationSysten¥ 0.0404M 7728 )* 5* CF

Burnout

TPS=317(L /74.6)* CF)

TCS=1482* Minert « CF
4264¢

~

Main Engine=M gngine* NEgngines

N .
Feed Systen¥ 1.65(MJ *CF
TVacl SP
Thrust Structure= 0.001908T,...N gnqines " * CF
Vac'Y Engine
M
Power= 793+ 50{%& + 0.0000974TvaCN Engines) + 0.405T, 3¢ + Peryo-cooler

- M
Avionics= 430——nert
4264¢
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Structure
Frimary Structure
Oy Tanks
Fuel Tank=

Secondary Structures
Seperation Systems
TFS

TCS

Main Propulsion System
1ain
Feed System
Thrust Structure
Famwer

Anionics and Controls
Grawth Margin
Dry Weight
Reziduals and Reserves
Second Stage
Burnout Weight
Main Propellants

Fuel

Oridizer
Strap-on Boosters
Faylaad F airing
Gross Weight

Startup Losses

Mazimum Weight

MMass Ratio
Frimary Fropellant Mass

T

Lavel 2 Level 1
121.464
51,208
17,236
39,056
3815
4104
574
5,475
60,004
34,500
5,452
20,052
1.265
681
14639
| 198,053]
197.124
20,225
661,805
| #30,083|
2.247.203
319,653
1927544
2,312,278
10,552
| 6.450.115]
£.425.182
2247
6,452,363
2047 202 133
2,229,255
14515

Carrection v alue

0.05
1.24
1.00
1.00

1.05
1.60
0.E3
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Figure 99: Example Mass Breakdown of CalVStage
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Second Stage Level 2 Level I Correction Yalue
10 Structure 25.960
<] A Frrimary Structure T.481 0LED3
O Tanks 4,820
Fuel Tanks 9,047
1E Sec. StructuredF airing 2454 1.0
1.7 Seperation Systems 203 0.93
18 TPS 316 0.99
13 TCS 1639 1.00
L) ] Fropulsion 12.668 1412
A [ain Engines E,785
32 Feed System 3032
Thrust Structure 2,862
4.0 Fower 2.898 1.EE
Ilitigation 2.300
6.0 Avionics and Controls 476 1.00
T.0 Growth Margin 2,729
2.0 Dry Weight 47,032 B4
a0 Fesidualz and Reserves 6672
1.0 Fayload 101,441 a
Burnout Weight
12.0 Azcent Propellants 268,298
Fuel HETT
Cizidizer 227,021
2 125 TLIPropellants 235,794 235,794
Fuel 36,276
Cizidizer JEERAE
Gross Weight 659,238 EG3343
Startup Losses 2567 128332969
Mazimum Weight 661,805
[ax Propellant 513,332 Z2Eg,298
MECOT propellent 513,332
T 0338

Figure 100: Example Mass Breakdown of Cal'{ Stage
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Lunar Surface Access Module Estimating Relationship

i L
Primary Structure= 007M ¢t _3”‘7"’1;

SecondaryStructure= 005M ot

Thurst Structure= 0.000828T,2cNengines

Landing Structure= 0.0576M .g—,?ded

M.
Feed Systens 1.616L$"’lI
I sp Ky

Power= 468 inert
5962

Avionics= 161M
5962
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Mass breakdown:
Descent Stage

0 Level | Lewel Il alue
1.0 BEady group 3201 kg
FPrimary structure 479 kg
Secondary structure 289 kg
Thrust structure 368 kg
Landing structure 434 kg
Cixidizer tanks B2 kg
fuel tank= 977 kg
He tank= 29 kg
Ilikigation Okg
2.0 Main propulsion 1103 kg
Mlain engines 530 kg
Fressurizationdfeed A3 kg
20 RS propulsion Okg
RC5 engines Okg
FPressurizationdfeed Okyg
4.0 Frimary power & distibution 4E3 kg
5.0
E.0 Auionics 1E1kg
T.0 Iargin 839 kg
DOry Mass 5.772 kg
a0 Fayloadta LS 2,268 kg
Mon-cargo 1,033 kg
3.0 A=cent Stage [minus payload to LLOY 9,994 kg
Cargo
Fesidualfreseres 1.271kg
Oxidizer 1,089 kg
Fuel 182 kg
Landed Mass 20,338 kg
0.0 RS propellant Okg
Oxidizer 0 kg
Fuel Okg
1.0 Descent propellant 26418 kg
Lol 14,736 kg
Dezcent 10,682 kg
Oxidizer 21,787 kg
Fuel 363 kg
Bailaff Okg
Outbound Mass 15.529 kg
120 Startup Losses 228 kg
Gross Mass For Mai Crew 15.757 kg

Figure 101: Example Mass Breakdown of LSAM Des&iage
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Ascent Stage

0 Lewell Lewel Il W alue
Body group 1,285 kg
Frimary Structure 478 kg
Thrust structure Gk kg
Cizidizer tank= 121kg
fuel tank= 19 kg
He tank=s 12 kg
Iitigation 0 kg
2.0 Mlain propulsian 267 kg
[ain engines 147 kg
Frezsurizationffesd 10 kg
30 FCS propulsion 229 kg
RCS engines 3 kg
Freszsurizationffeed 191 kg
4.0 Frimary power & distribution A9 kg
E.0 Auionics 386 kg
.o Crew Compartment 0.4n 1552 kg
.0 Mlargin T2 kg
Dry Mass 5016 kg
a0 Crew AE4 kg
0.0 Fayload o LLO 100 kg
1.0 Fesidualfreserses 205 kg
Cizidizer 154 kg
Fuel A1kg
MECO Mass 5.884 kg
120 RCS Propellant 114 kg
Cixidizer B9 kg
Fuel 20 kg
130 A=cent propellant 4,097 kg
Oizidizer 3072 kg
Fuel 1,024 kg
Eqilaff 0 kg
4.0 Startup Losses 47 kg
Ascent [Takeoff] Mass For Mai Crew 10,094 kg

Figure 102: Example Mass Breakdown of LSAM Ascetaig®
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APPENDIX C

Apollo Reference Reliability Values

Table 55: Lunar Architecture Reliability Estimation

Event Reliability
Phase 1 - Delivery 0.9861
CaLV 0.9884
CLv 0.9977
Phase 2 - LEO 0.915697
LEO Circulization 0.9863
Orbital Coasting 0.987
Orient for Docking 0.9925
Rendezvous 0.9749
Docking 0.9795
Orient for Injection 0.9925
Phase 3 - Re-Fueling 0.9676
Orient for Docking 0.9925
Rendezvous Maneuver 0.9749
Docking 0.9795
Fuel Transfer and Separation 0.9835
Phase 4 - Transfer 0.7617
LEO to LLO Transfer 0.7617
Phase5-LLO 0.9820
Navigate in LLO 0.9990
Separation 0.9907
Orient for Descent 0.9922
Separation 0.9907
Phase 6 - Lunar Mission 0.9551
Lander 0.95515
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